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CHAPTER |

INTRODUCTION

In January of 2004, President Bush announced iierVfor Space Exploratioh.
This program laid out the future goals of the W$ace program. Among these goals
was to return humans to the Moon before 2020. dh@ssions will not visit the Moon’s
surface for short stays like those of the Apollesions, but they will establish
permanent outposts on the lunar surface. To fat@lthis goal, more detailed knowledge
must be attained about the Moon and its environmehis task will fall to robotic
precursor missions, such as the Lunar Reconnaisgarister (LRO), that will be
launched in the coming years.

In addition to mapping and surveying the surfaicékhe Moon and determining
more about its composition, a system must be eshadal to communicate with and
provide navigational assistance to lunar bases#rat lunar orbiters. One way to meet
this need is to place one or more navigation amdngonication satellites in lunar orbit.
These satellites would act as relays between tinenagits and assets on the surface of
the Moon and in lunar orbit and the mission coterslback on Earth. The more
satellites placed in lunar orbit for this task, there complete the coverage provided by
this system will be. A small constellation coulfeo global coverage of the moon and

allow for wide exploration of its surface by manmaisions.



All the aspects of the new vision for the futurdN\#&SA must be funded with a
limited budget. To do this, the available fundsstrhe used as efficiently as possible.
Traditional satellites are large and complex, dredefore they are very costly. Unless
NASA'’s budget is expanded considerably, it will hetpossible to field a sizeable lunar
constellation of navigation and communication dié¢sl and still be able to fund the
lunar exploration program as well as all the otlesponsibilities assigned to NASA.

To lower the cost of a constellation, NASA couldkaaise of low-cost small
satellites. The concept of small satellites ndy oelates to their physical size, but also to
the way in which they are designed and used. A#plefinition of a small satellite is a
spacecraft with a mass of 500 kilograms or ledses€ spacecraft are usually designed to
complete one mission and do not have multiple uimsénts or payloads. This simplicity
leads to lower costs to design and build the spafteend also to operate them. The
concepts of small satellite design will be reviewe&hapter 2.

Mississippi State University (MSU), in collaboratiaith Surrey Satellite
Technology Limited (SSTL) of the United Kingdom sharoposed to NASA to design
and develop a navigation and communications sratllge to be launched to the Moon
in the 2012 timefram@. This mission would be a testbed for the sma#|fite
communication concept. If successful, it couldlléma constellation of such spacecraft
to support manned operations once they begin ar2d0ad.

The goal of this thesis is to explore the transfgectories that could be
employed by a small satellite to travel from Eanthit to its design mission orbit around
the Moon. Because of its small size, a small bi&elill have a similarly small
propulsion system. This system will be relativiely thrust, compared to larger
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spacecraft such as LRO. Therefore, any sizeabitabmaneuvers completed by a small
satellite, such as those required to leave thaiycof the Earth and travel to the Moon,
could not be assumed to be impulsive. A lowerghsystem will require longer periods
of burn to get the same result as a high thrugiydsion system, and therefore gravity
losses will be a significant factor.

This thesis examines translunar trajectories ulsatg impulsive burns and finite
burn arcs to find optimal transfers. The optimmatvas completed using Copernicus, a
trajectory design optimization software packageettgyed at the University of Texas at
Austin for NASA. This package allows for the madglof a wide variety of orbit and
trajectory types including lunar and interplanetaiansfers. Further detail about
Copernicus will be provided in Chapter 2.

The impulsive transfer optimizations were donehia preliminary stages of this
study to familiarize the writer with both Coperngcand the details of the lunar transfer
problem. The methods employed and the resultsbeiliscussed in Chapter 3. Finite
burn optimizations were then completed becauserti@g accurately reflect a realistic
transfer, specifically for a low thrust propulsisystem. These optimizations are
discussed in Chapter 4. Finally, phased finaadfers were examined. These transfers
minimize the duration of any single engine burrebyploying several perigee burns to
gradually transfer from Earth to lunar orbit. Pédsransfer results are presented in
Chapter 5.

Design of the initial Earth orbit and the final arorbit used for all trajectory
analyses is not within the scope of this thesige ihitial Earth orbit is mostly dictated by
the capabilities of available launch vehicles. Theice of target lunar orbit is a function
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of the mission to be completed as well as the dyoswof the lunar gravity field. For this
study, a particular class of lunar orbits were celé and used as the targets for the
transfer orbits. The particular Earth and lundnitsrand the rationale for these choices
will be explained in Chapter 2.

In the final chapter, the conclusions obtained ftbmresults of this study will be
presented. Details of potential further reseapckxippand on the results of this thesis will

also be discussed.



CHAPTER Il

BACKGROUND

The following subsections present the backgrouafatimation necessary to
complete the research detailed in this thesis.s@ections include a review of the
Moon and its orbit around the Earth, an overviewhefsmall satellite concept, the
rationale for the choice of target lunar orbit adlvas the type of translunar trajectory to
be studied, and a brief description of the Copemmptimization software package used

to complete this thesis.

Moon'’s Orbit

The common point of view is that the Moon orbitsumd the Earth. For initial
approximations, the Moon can be assumed to orbiEtrth in a circular orbit with a
radius of 384,400 km. While this is a good appmadion for any initial design or
calculations, the true nature of the orbit of thedvi must be examined if more precise
calculations are to be attempted. The Moon andEtréeh actually orbit around their
common center of mass, or barycenter, which i#f its@rbit around the Sun. This
relationship with the Sun is essential in undeditagnthe actual behavior of the Moon’s
orbit.

The Earth orbit plane, in which the Earth orbits 8un, is known as the ecliptic

plane. Itis useful therefore to reference the Ms@rbit around the Sun with respect to



the ecliptic plane. The Moon'’s inclination withspect to the ecliptic plane varies with a
mean value of approximately 5.13 degrees. Howebwen planning a translunar
trajectory, it is more useful to model the behawbthe Moon with respect to an Earth-
centered frame such as an IJK Earth-CenteredlI(&@l) frame. With respect to an
ECI frame, the Moon orbits at an inclination thaties periodically on an 18.6 year
cycle.

This variation is due to the location of the Mooaibit with respect to the
ecliptic. The Moon’s node location changes dusdiar perturbations. When the
Moon’s ascending node coincides with the vernalremy the Moon'’s inclination in the
ECI frame is at its maximum with a value of appmately 28.58 degrees. Conversely,
the inclination of the Moon is at its minimum whigre Moon’s descending node is in the
direction of the vernal equinox resulting in anlimation of 18.32 degrees. Therefore
any trajectory to the Moon will depend on whereMon is in this 18.6 year cycle.

The eccentricity of the Moon’s orbit in the ECaifine is approximately 0.0549.
This results in a perigee radius of 363,300 kmamdpogee radius of 405,500 km.
Assuming the orbit to be circular would therefargeduce significant error for precise
trajectory calculations. The orbital period of tleon about the Earth is 27.317 days
with up to a seven hour variation due to solaryb#tions. Additionally, the argument
of perigee (AoP) of the Moon'’s orbit rotates in #@&ne direction as the Moon'’s orbital
motion on an 8.9 year cycle. All of these desatibf#fects make the availability of a

detailed lunar ephemeris mandatory for any lunasion®



Moon’s Characteristics

Although the study described in this thesis is tyatoncerned with the transfer
from Earth orbit to lunar orbit, it would be helpfo describe the characteristics of the
Moon, particularly its gravity field, as they araportant to the rationale for the choice of
target lunar orbit. If the Moon is assumed to gt mass, the important features that
will determine the orbit of spacecraft around thedv are the radius of the Moon and its
mass. The size or radius of the Moon is importamtetermine the minimum distance
that a spacecraft can orbit the Moon’s center,thadnass is likewise important because
it determines the gravitational parameterof the Moon. The average radius of the
Moon has been found to be 1738 km.

The mass of the Moon can be determined using dawetaods. Early estimates
were found by observing the effect of the Moon’awfty on the orbit of the Earth. This
change in the Earth’s orbit can be referencedreaaby object such as the Sun. Using
this method, the Earth to Moon mass ratio was deted to be approximately 81.33.
Likewise, the Moon’s mass can be determined by todng the effect of the Moon on
spacecraft that pass near to or orbit it. By olsgrthe behavior of the Mariner
interplanetary spacecraft and the Ranger lunarectgzacecratft, the Earth/Moon mass
ratio was further refined to 81?3This mass fraction leads to a lunar gravitational
parameter of 4902.799 Kfg*.

This value of the Moon’s gravitational parametesusficient for two-body
analysis of a spacecraft’s orbit around the Moan,depending on the characteristics of
the orbit, there may be significant perturbations tb the Earth and Sun as well as the
non-spherical nature of the Moon'’s true gravitydiand the presence of significant mass

7



concentrations inside the lunar body. The Moaoroisstantly bombarded by meteors and
other space debris and always has been. Withoatnaosphere like the Earth’s, these
objects do not burn up but instead impact the sarfdBecause of this, the Moon’s shape
and density significantly deviate from that of afpet point mass sphere. Another factor
that contributed to the non-spherical shape oMben was its past and the nature of its
formation.

Currently, the most accurate way to determine pleeifics of the gravity model
of the Moon is to monitor the behavior of spacddrafunar orbit. Using ground
tracking stations on the Earth, tracking data Ikected to analyze the deviations of the
spacecraft with respect to the expected two-bodbit.oif his requires line of sight
between the orbiting spacecraft and the Earthg slate there is no direct information on
the gravity model of the far side of the Moon. Bi&e gravity data can only be
extrapolated by analyzing the long term trendsefdrbit of lunar satellites.The
current Japanese lunar mission, SELENE, will madesaf a relay satellite to enable
collection of gravity field information for the faide of the Moon.

Some of the most recent gravity models have bespited from the tracking
data collected by the Lunar Prospector (LP) misgial998-1999. The LP mission led
to the creation of the LP75, LP100, and LP165 madé&he LP75 models were created
before the end of the LP mission and thereforerpm@te tracking data only from the
nominal mission orbit of 100 km average altituddéne LP100 models were developed
later and incorporated data collected during thereded mission of LP during which the
altitude was decreased first to 40 km and theméurto 30 km. The gravity data was
further refined in the LP165 model which is comeltt degree 122 with the further

8



gravity coefficients determined statistically usihg 122 degree data agriori
knowledge. This process created reasonably aecuaies for the coefficients up to
order and degree of 110, with the remaining coeffits showing considerable noise.
However, application of the LP165 model signifidgmbicreases the computational

demand compared to the LP100 maddel.

Small Satellites

In addition to the physical size difference betwssrall satellites and
conventional large satellites, there are also ifiees in their design philosophies and
operations concepts. These differences lead terloast which is desirable by all parties
involved in a satellite mission. A typical largatallite mission may have more than one
objective and therefore possibly multiple payloadsstruments. This multi-tasking not
only increases the complexity of operations, batsb requires larger support systems
onboard the spacecraft. This overall complexiggketo larger costs than a simpler
design which may only complete one mission tas&caise of these high costs, the risk
of a critical system failure that can endangerahire mission is particularly undesirable.
To safeguard against these possible failures, dahay of critical spacecraft subsystems
is typical. Again this causes an increase in tist of the spacecratft.

The desire to avoid unnecessary risk is not uniquarge spacecraft. Although
small satellites are comparatively cheap comparehdir larger counterparts, they are
still sizeable investments on the order of tensiflions of dollars. Small satellite
operators desire successful mission completionwahras large satellite operators. But

small satellite designs permit a certain amoumtsiéf while offering the opportunity to



gain greater functionality. Small satellites getlgrmake use of commercial-off-the-
shelf (COTS) hardware which may not have been desligpecifically for space
applications. Often these COTS components haversuwgunctionality, such as higher
clock speeds for computer components. These gralildies can be advantageous to
mission success, and the corresponding risks cawdided or at least controlled if
untested COTS technology is employed in a safe Brann

One way to control the risks of using new hardwarsoftware that has no
previous flight experience is to use a tiered appino The new technology is employed
alongside less risky hardware with flight heritaggtead of completely replacing it.
Therefore, if the new technology does not functisrdesired, it will not endanger
completion of the spacecraft’s mission. The otdehnology can still complete the
mission. SSTL uses this approach when it decaesé a new piece of hardware that it
has not previously flown on a mission. The hestaguipment ensures that the mission
can be completely successfully, but the new equiinseich as a higher resolution
camera or imager, would produce more detailed te¢héht would allow for more than
the sufficient detail needed for mission suc&d#is allows the newer hardware to get
flight heritage without endangering the currentsias.

Another technique employed by small satellite miss is operational autonomy.
Operations is a large mission cost driver thaftisrooverlooked. By designing
spacecraft that can operate autonomously for l@ngpgs of time, the need to have a
human in the loop, constantly monitoring telemétoyn the spacecraft, can be
eliminated. If a mission critical failure or emergy does occur, the autonomous
systems can alert human operators of the problEme. integration of autonomy into the

10



spacecraft systems may require larger upfront cbatshe overall mission cost will
decrease because of the lower human staffing egemt. And, if a spacecraft is
“simple”, it can be more easily “safed” until a hamcan be called in to fix the problem.
In summary, small satellites have many benefs iy allow them to replace or
complement larger spacecraft. Their small sizenadlthem to launch on a variety of
launch vehicles, often at a decreased cost agygypack” mission. The decreased
overall spacecraft cost allows more organizationsmploy the use of satellites, and in
the case of the lunar mission of interest to thesis, they may allow the deployment of a
constellation of satellites instead of one or tvaalitional spacecraft. Finally, because of
their lower level of complexity, the time from dgsito launch and operation is on the

order of one to two years compared to the muchdptead time of larger spacecréft.

Choice of Earth and Lunar Orbits

The focus of this study is the optimization of s&ars from Earth to lunar orbit.
Limited research was done on the specific benefitme choice of Earth or lunar orbit
over another as this was outside of the scopei®bthdy. However it is important to
choose suitable orbits as they do have an effett@fuel and transfer time requirements
of the translunar transfer. In this sub-sectibe,rationale for the choice of both the
initial Earth orbit and the final target lunar driiill be explained.

To reduce the requirements of the spacecraft adlqwapulsion system, it is
desirable to launch the spacecraft into as largairbit as possible. The size and
orientation of this orbit is dictated by the alid# of the chosen launch vehicle as well as

any launch site restrictions such as launch azimuthhe course of preliminary studies
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conducted by the MSU/SSTL team, the initial chamté&unch vehicle was the Indian
Space Research Organization PSLV-X[This choice was based on the payload mass
capabilities of the launcher as well as the reédyivow cost of the launcher. The PSLV
can launch an estimated 1200 kg payload to geostaty transfer orbit (200 x 35786 km
altitude) and can place spacecraft at inclinatramging from 18 to 100 degre¥sThis
payload mass performance is sufficient for theentrdesign mass estimate of the
proposed lunar small satellite. Therefore, thissigtionary transfer orbit (GTO) was
used as the baseline initial Earth orbit for ahslunar trajectory optimizations.

The choice of target lunar orbit is heavily depamtdon the specifics of the
satellite mission. NASA'’s current plans are fonanned lunar base to be built at the
southern lunar pole where there is evidence ofiplesBozen water. Therefore it would
be ideal for any navigation/communication sateliitspend as much of its orbit over this
region as possible. Although there are severabopthat may meet these requirements,
the option chosen was a highly elliptical orbitiwits apoapsis over the southern pole.
Specifically, the initial design point for the lunarbit was a frozen orbit selected from a
class of such orbits developed by Todd El\His study focused on finding frozen orbits
that would be suitable for communications relaglitédés to communicate with the
region around the southern lunar pole. The usefaizen orbit would decrease the orbit
maintenance requirements and therefore the negdsshrequired, which is of
particular interest to the current small sateliteposal. The orbital elements of the
frozen orbit of interest are shown below in TahleThis orbit yields stable librations in

the eccentricity — argument of periapsis space.
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Table 1

Lunar Frozen Orbit (Ely}

Semi-major Axis 6541.4 km
Eccentricity 0.6
Inclination 63.01deg

Right Ascension of the 0 deg

Ascending Node

Argument of Periapsis 90 deg

Translunar Trajectories

A translunar trajectory is an orbit employed tnsfer a spacecraft from the Earth
to the Moon. These trajectories can take many $atepending on the requirements of a
particular mission. The general categories ofsi@ns include direct, bi-elliptic, low
thrust spiral, and weak stability boundary (WSBhsfers. A brief description of each of
these four types is given in the following pages.

As the name implies, direct transfers are the Est@nd have the shortest
transfer time of the four categories. These tenssiire Hohmann-like and place a
spacecraft on a transfer ellipse with periapsis Beath and apoapsis in the vicinity of
the Moon. An example of this type of transferhewn in Figure 1. The transfer begins
with a translunar injection (TLI) burn that pladbe spacecraft into the transfer orbit.
Once the spacecraft reaches the Moon, a lunariajbdtion (LOI) burn is performed,
typically near the perilune point, to place thecgmaaft into lunar orbit. The TLI burn
can be performed directly at launch, or the lawmdticle can place the spacecraft into a
temporary parking orbit around the Earth followatkt by the TLI maneuver. This
parking orbit can be used for spacecraft checketdrb translunar injection or as a coast

period for the spacecraft and the Moon to reactptbper alignment for the transfer.
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Figure 1

Direct Earth to Moon Transfer (Copernicus screet)sho

Because direct transfers are usually the shoridstal transfer time, they are the
most expensive in terms of propulsive requiremeiitserefore the fuel mass will be a
larger fraction of the total spacecraft mass resyin lower available payload mass. But
the benefit of shorter transfer time may outweighb tlisadvantage for certain missions.
The shorter transfer time will result in lower opigons costs as well as a shorter period
of exposure of the spacecraft to the space envieohmThis is particularly beneficial for
manned missions as it also decreases the life sup@ss requirements for items such as
food, water, and oxygen.

Since the orbit of the spacecraft must be raisdthat it intersects the Moon’s
orbit at some point, it is difficult to decrease fALl requirement beyond a particular

lower limit. However, the propulsive requiremeatshe transfer can be decreased by
14



reducing theAv requirement of the LOI burn. This is the goahokeak stability

boundary (WSB) transfer. A WSB transfer makesafdbe dynamics of the four body
system composed of the Earth, the Moon, the Suhtrenspacecraft to capture into lunar
orbit ballistically, that is without the need fan 8Ol maneuver or, at least, a significantly

reduced one.

AT CAPTURE
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.MOON -0.5
1 o5 EARTH
% = A\ P 1' P ox
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SPACECRAFT 1 : 1,000,000 km INJECTION
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Figure 2

Weak Stability Boundary Transfér

The general design of a WSB transfer is to plaeespfacecratft in a region well
beyond the orbit of the Moon where it will expeerperturbations due to the Sun.
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Figure 2 shows an example of a weak stability bamptransfer. The effect of the solar
perturbations is to increase the angular momentuimeospacecraft’'s orbit. This
increase in angular momentum is necessary to ttagsperiapsis of the spacecraft’s orbit,
with respect to the Earth, to the radius of the NMsarbit around the Earth. To obtain
the necessary increase in angular momentum, tloesadt must loiter in the zone where
it is affected by solar perturbations for a consitiée amount of tim& According to
preliminary studies conducted by SSTL, the totabtan for the translunar transfer
would be three to five months, which is consideydatger than the three to five day
transfer time for a direct transfér.Therefore the decrease in the LOI requirement may
be offset by the increased operations cost fotrtmesfer as well as harsher design
requirements on the vehicle due to the longer caradf the mission, deep space
navigation, increased radiation exposure, etc.

A third option is a bi-elliptic transfer, which é&scompromise between the direct
and WSB transfer methods. Unlike the direct Hohmmpe transfers that use a single
transfer ellipse, a bi-elliptic transfer first péscthe spacecraft into an intermediate
transfer ellipse. This intermediate ellipse hagsjpoapsis greater than that of the final
target orbit. Once the spacecraft reaches apoaptie intermediate ellipse, another
maneuver is completed to place the spacecraftistecond elliptical orbit with a
periapsis that intersects the target orbit. FHnalthird burn is completed to enter into the

final orbit. Figure 3 shows a bi-elliptic transfer
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Bi-elliptic Transfer

For certain cases, the bi-elliptic may be morecgdfit than a Hohmann transfer.
The ratio, R, between the radii of the final anitiahorbits is used to determine whether
a bi-elliptic transfer is more efficient than a Hann transfer. This ratio results in three
divisions. For the case of transfers between twaular orbits, if the ratio is between 0
and 11.94, the Hohmann transfer is more efficiéhthe ratio is greater than 15.58, the
bi-elliptic transfer may be more efficient, andhe ratio is between 11.94 and 15.58,
further criteria is necessary to determine whictthoe is superior. Figure 4 shows this
behavior. Ris the ratio of the radius of the final orbit owke radius of the initial orbit
for the bi-elliptic transfers. The bi-elliptic trxafer may decrease the tatal, but it can
result in a considerably longer flight time giviiighe same disadvantages of the WSB

transfer,
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Delta V Requirement vs. Radius Ratio for Hohmaneh Birelliptic Transfers

The final major category of translunar transfea isw thrust spiral trajectory.
Spiral trajectories make use of low thrust, highafic impulse engines that can burn for
extended periods of time to gradually increasesthe of the spacecraft’s orbit. One
example of a mission that employed this type afdfar was the SMART-1 lunar
mission. Such spiral trajectories make use ofsiimg and coast periods designed using
optimal control theory. Spiral trajectories areated using a specific type of engine such
as an electric ion propulsion system. The inheefitiency of such engines is, however,
countered by the extremely long transfer times Ive@. These transfers take

approximately eighteen montfis.Figure 5 shows an example of this trajectory type
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Figure 5

SMART-1 Transfer Trajectofy

For the purpose of this thesis, only direct trarsfire examined. The specific
transfers examined include one TLI burn transfer&/@ll as multiple-burn phased
transfers. A phased transfer separates the dargje TLI burn into several smaller ones
that gradually increase the apogee radius of theespaft’'s orbit until it intersects the
Moon’s orbit. This approach decreases gravitydesshich are particularly significant
for lower thrust engines, such as those typicadlgduon small satellites. Such engines
require a longer period of continuous thrustingitoduce the samév as a higher thrust

engine.
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Copernicus
Copernicus is “a general trajectory design anéhtipation systent® developed
at the University of Texas at Austin for NASA JobnsSpace Center. It was developed
as a tool that allows a user to model and optirainede variety of spacecraft trajectories

ranging from simple Earth orbits to more complidatgerplanetary trajectories.

Program Overview

The basic element of a trajectory in Copernicusalted a segment. A segment is
a trajectory arc between two node points, an irginal final node. Between the node
points, the trajectory of the spacecraft is propedjaising the gravity model selected by
the user.

At the initial and final node points the user sfiesithe current state of a
spacecraft. This state is defined by time, mass,oabital state parameters. The time of
the segment is specified by providing exactly tvithe following three time parameters:
initial time (TO), time of flight (DT), and finaime (TF). Providing two of these time
parameters uniquely defines the third. The madsfised by inputting the initial mass
(MO0) of the spacecraft at the beginning of a segm@ulditionally, mass changes can be
applied at nodes. These can be used to modehaciech as detachment of a spent
rocket stage or deployment of a satellite fromrtteen spacecraft. Finally, the orbital
state of the spacecraft at the beginning of a sagme&pecified using a variety of
methods such as radius and velocity vector or icialssrbital elements. The central

body and coordinate frame can also be specifieddoh individual segment.
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These time, mass, and orbital state variables earsbd to model a simple non-
powered trajectory arc, but more complicated ttajges can be modeled by applying
maneuvers at the node points or along the segmentrapulsive maneuvers can be
modeled at either node point while finite burns applied to the segment arc itself.
Impulsive burns are modeled by defining eitherdpecific impulse or exhaust velocity
of the propulsion system and the direction of thenb Various reference frames for the
maneuver can be specified, such as central bodgteshor spacecraft body-centered
frames.

Finite burn maneuvers are applied to the entirgttenf a segment arc. These
maneuvers are first defined by choosing an optiimanodel. Copernicus provides
two options: suboptimal control parameterizatiomptimal control theory. The
specifics of these two methods will be explained Iater section. After an optimization
model is chosen, the propulsion system is definespecifying two of the following
three parameters: engine thrust, specific impalsd,exhaust velocity. Next the
direction of the burn is specified using differgatiables depending on the burn model
chosen. This description will concentrate on tife-gptimal control options because that
was the method chosen to complete this thesis.inlie direction of the finite burn is
specified using the angles andpy, whereo defines the direction in the X-Y plane of
the chosen coordinate system, 8adefines the out-of-plane direction. If the busn i
specified using only these two parameters, thectime of the burn will not change.
However first and second time derivatives, of thesaes can be defined, so that the

direction of the burn will change with time accaorglito the following relationship (Eq. 2-
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1), wherer andd are the first and second time derivates@énd t andgare the current

and initial times respectively. This equation gosethe behavior afy

alt)=a, +a,Qt-t,)+ 050, [t -t,)* (2-1)
with an analogous equation governing the behavigg.&’

Once a segment is defined it can be used by wsdéifcan be connected to other
segments to model an entire mission or complex masresequence. To connect
segments, state variables can be set it “inhdré@ialues from other segments. For
example, to set one segment to follow a first segnthe initial time, mass, and orbital
state variables would be set to inherit the fireles of the previous segment.

Any of the parameters examined so far, as welklasrs, can be set as
optimization variables. By selecting an approgrigptimization and integration method,
a trajectory can be optimized to minimize or maxiena cost function specified by the
user. This cost function and any constraints peeified using segment functions. The
segment functions allow the user to tell Coperniehat values any particular variable is
allowed to take. This could be used, for examlespecify what the final orbital
elements of a spacecraft’'s orbit must be afterrbit change maneuver. Also in the
segment functions section, any parameter can bedaddhe objective function.

The most obvious advantage of Copernicus as amigatiion program is its
visualization options. Copernicus offers both tdiorensional and three-dimensional
visualizations. These visualizations not only shibe current state of any segments, but
they also update in real time during the coursanobptimization run. This allows the

user to monitor Copernicus as it searches for @gtresults. Therefore the user can
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intervene and stop the process if an obvious érdetected. This is very helpful in

detecting improperly defined probleri?s:®

Finite Burn Methods

Unlike impulsive maneuvers which assume that eefas applied instantly, finite
burn maneuvers apply a force over a finite peribthee. It may be sufficient to model
burns completed by high thrust propulsion systesisngulsive, but with a low thrust
system, such as that onboard a small satellite viti introduce significant error. For
example, during an ideal Hohmann transfexyanust be applied instantaneously at
either the apoapsis or periapsis point of an ailbing the orbital velocity vector, but even
for high thrust engines this is not actually phg#licpossible. The maneuver will take
place over some finite period of time. As timepslkas, the spacecraft will move along its
orbit and away from the apoapsis or periapsis polierefore losses will be introduced
because the impulse applied to the spacecraft isnyer being imparted at the most
efficient location in the spacecraft’s orbit.

If the maneuver occurs over some finite periotdroé and therefore some finite
distance along the spacecraft’s orbit, it wouldubeful to determine the optimal direction
in which to burn the engine. Copernicus has twthoas for optimizing finite burns,
suboptimal parameter optimization and optimal aaritreory. Suboptimal parameter
optimization is a simplification of the very complmultidimensional boundary value
problem that must be solved when applying optinsatil| theory. This suboptimal

control results in a thrust vector that is “conistea to a limited set of function§”such
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as quadratic or sinusoidal. More complex behawarsstill be modeled using
suboptimal control by chaining together a serieswh segments.

Optimal control theory deals with the minimizationmaximization of a function
of the following form (Eq. 2-2)® is a “scalar function representing a cost functioat

depends in general on the initial and final times states® The L function in the
ty
J =0t b, x(t,), x(t)) + I L(t, x(t), u. (t))dt (2-2)
to

integral is a function of time and the state vectpand control vector,.uwhich are
themselves functions of time. The state vectotaios the position and velocity of the
spacecraft, while the components of the controtarewould dictate the orientation of the
propulsion system. Initial and final boundary ciiods, such as the requirement to
reach a certain position or orbit, can be usedtstain the functiop by adjoining
them using Lagrange multipliers. This results meav function given below (Eq. 2-3),

G(ty,t,, X, X;,&) = Pty b, X(t,), X(t, ) +ETO(t,,t, , Xy, X, ) (2-3)
whereg is a vector of Lagrange multipliers afidepresents the constraints. The time
dependent scalar function L is then constrainethbydynamics of orbital motion in the
following way (Eqg. 2-4),

H(t,x,u,A) = L(t,x,u) + A" f (t,x,u) (2-4)

wherel is a time dependent vector of Lagrange multipléard f is the function defining

the orbital motion. Combining all of this restittsthe final form of the cost function,,J

shown below (Eq. 2-5Y’

tf
J*=G+J'(H - A" f)dt (2-5)
tO
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The optimization using this complex cost functweas not employed in the work
of this thesis. Instead, the simpler suboptimaapeeter optimization method was used.
This simplification is allowable because the firigrns being modeled for the purposes
of this thesis are relatively simple. The burnsxdbrequire complex thrust steering like

what might be necessary for a low thrust spirgéttary.

Optimization Method

The version of Copernicus used for this thesisrsfeight algorithm choices that
allow the user to target or optimize a given praobleThe targeting algorithms allow the
user to target boundary conditions but do not afilemoptimization, so they are not
useful for the purposes of this effort. The renmragroptimization algorithms can be used
to target as well as optimize a particular probledi.the three optimization algorithms,
two are for solving dense problems while the fioiaé can solve sparse problems. For
this work, the author chose the sparse SNOPTA apgift SNOPTA is an interface for
the SNOPT optimization system developed at the &fsity of California, San Diego
and Stanford University. SNOPT can be used tampé both linear and nonlinear cost
functions with both linear and nonlinear constrainEor problems with only linear
functions, SNOPT uses a primal simplex methodheali programming solution
method:®

A linear programming problem will have the followji form (Eq. 2-6), where@a

by, and ¢are constants and Are the optimization variables. If the problemrérest
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min f (X) =Zn:cixi (2-6)

i=1

such that
h (X) = Zak,i X; =b,
i=1
X, 20

has inequality constraints, these constraints @neerted to equality constraints by
introducing slack and surplus variables. These vaables simply become additional
optimization variables. If the inequality consirai have the following form (Eq. 2-7),

(X)<b,
g;(X)<b, 07
g,(X)=Db,
then after the introduction of slack or surplusiafales respectively, they will take on this
form (Eq. 2-8), where a slack variable has beerddd the less than or equal to

h;(X) =g;(X)+s; =b, (2-8)
h;(X) =g,(X)-s; =b,
constraint and a surplus variable has been addin tgreater than or equal to constraint.
Like the original optimization variables, thesec&land surplus variables are restricted to

be non-negative. If there are optimization vaealithat are not sign-restricted, they are

replaced in the following manner (Eq. 2-9), wheres Xhe original optimization variable,

X* =0 (2-9)

and X and X are now optimization variables that are restrittele non-negative.
The linear constraints will form a complex polyhadin the n-dimensional

design space, where n is the number of designblasa For a solution to be feasible, it
26



must lie on the boundaries of this polyhedron, #wedoptimal solution will occur at one
of the vertices of the complex polyhedron. Whenrthmber of constraints, m, is greater
than the number of optimization variables, n, fel@ssolutions are found by setting n
minus m of the optimization variables to zero aol¥iag for the remaining variables.
The simplex method is then employed to move froohdaasible solution to the next
until the optimal solution is fount.

For problems involving nonlinear objective funcisoor constraints, SNOPT
makes use of sequential quadratic programming (SQRs method uses a series of
guadratic programming (QP) subproblems. In eablpmilem, the objective function

and constraints are approximated in a form suc¢hellowing (Eq. 2-10), where L is

minQ = Of (X)TAX + 05AX T (O?L(X))AX (2-10)
such that
h (X)+0Oh "AX =0

the Lagrange function of the original optimizatimmoblem, and thé&l functions are the
gradients of the objective function and the comstsa® Solving the QP subproblem may
take several iterations. These iterations arenedeo as minor iterations, while each QP
subproblem is a major iteration of the SQP proceddihe result of each subproblem is a
search direction towards the next major iterate.

The user can control the accuracy of the restiltiseoSNOPT algorithm with a
set of tolerance settings. The Major OptimalityeFance controls the accuracy of the
optimization variables associated with the equaldgstraints. The Major Feasibility
Tolerance relates to the accuracy with which amjinear constraints are met. And
finally the Minor Feasibility Tolerance sets theueement on the tolerance to which the

side bounds on the optimization variables shoulthbe The user can also specify other
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options such as the maximum number of iteratiortsotth the minor and major
iterations™>

For the optimizations completed for this effohg objective functions and the
constraints are non-linear because of the natuoehbatal mechanics. The objective
function will either be th&V magnitude of required impulsive burns or the fimass of
the spacecraft. The constraints are the orbitamhehts of either the transfer orbit or the

target lunar orbit.

28



CHAPTER 1lI

IMPULSIVE BURN TRANSFERS

Although the low thrust propulsion system of a Breatellite implies that large
orbital maneuvers cannot be modeled accuratelynpslsive, impulsive burn analysis
remains a good first step in to begin the transitragectory analysis. The impulsive
burn model provides an excellent first estimatéhefsize of the maneuvers required as
well as the general direction in which they neetiéapplied. Additionally, because of
their relative simplicity compared to finite burrcg, impulsive burn analysis was an
instructive first use of the Copernicus softwarekzaye.

The impulsive burn transfer optimization was donstages to simplify the
search space. The first step was to create &tivayethat intercepted the Moon. This
was done by constraining the final radius of tlaas$fer orbit to be zero with respect to
the Moon. Therefore the trajectory would interdbetMoon at its center. During this
step, the Moon is treated merely as a target witrmavity field of its own, so the
presence of the Moon had no affect on the spadectadjectory. The motion of the
Moon was modeled using the JPL DE 405 ephemerigg®d in Copernicus.

The initial Earth orbit of the spacecraft had tbikofwing orbital elements, shown
in Table 2. The first optimizations were done asisig an inclination of 18 deg, the
minimum allowable inclination from the PSLV launste® This would provide the

largest boost from the Earth’s rotation. Afterthar input from SSTY, 90 deg
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Table 2

Initial Earth Orbit

Semi-major AXxis 24371 km
Eccentricity 0.73
Inclination 18 deg or 90 deg

Argument of Periapsis 90 deg

inclination orbits were also examined. The optatiizn variables were the initial time of
the scenario, which allowed for the proper inipabasing with respect to the location of
the Moon in its orbit, the duration of the transtée right ascension of the ascending
node (RAAN) and true anomaly of the initial Eartiit and the magnitude of the TLI
burn. All burns used a spacecraft-centered coatdiframe, called the VUW frame in
Copernicus. In this frame, the X axis is in theadiion of the spacecraft orbital velocity
vector, the Z axis is in the direction of the cab&ngular momentum vector, and the Y
axis is in the orbit plane and completes a righte®al triad. The TLI burn was
constrained to be tangential, or along the X axtgch is generally the most efficient
type of burn. The objective function minimized &k impulsive burn transfers was the
total AV magnitude of completed maneuvers.

Once this initial optimization had converged, tiext step was to include the
Moon’s gravity and tune the transfer orbit so thatould have the proper orientation for
insertion into the desired lunar orbit. For alpufsive burn optimizations, the Ely frozen
orbit as defined in Table 1 was used as the téwger orbit. The orientation was
achieved by constraining the final conditions & thansfer orbit. The inclination and
argument of periapsis were targeted to be thatetdrget lunar orbit. The radial

velocity of the spacecraft with respect to the Mewas set to zero. This constraint places
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the spacecraft at periapsis with respect to therMaddnd the final radius magnitude was
restricted initially to be greater than 2615 kne greriapsis radius of the target lunar
orbit, and less than 10000 km. This initial, cea@rgeting was then refined by lowering
the upper bound on the final radius to 5000 kmis Tinal radius constraint ensured that
the LOI burn would be completed near the periapkthe target lunar orbit and not the
apoapsis.

After the orbit orientation was successfully coatpd, the final step was to
include and optimize the LOI burn. Unlike the Taurn which was restricted to be along
the spacecraft’'s orbital velocity vector, the LQirib was free to occur in any direction in
the orbit plane. Although the spacecraft’s ini&@rth orbit inclination was different than
its final (Earth-equivalent) inclination once ittered lunar orbit, initial optimizations
showed that the LOI burn did not require an oytlahe component. The pull of the
Moon’s gravity as the spacecraft approaches therMdmtually affects the spacecraft’s
inclination. Therefore by entering the Moon’s sgghef influence at an appropriate
location, the spacecraft’s inclination can be aliewithout the need for a propulsive
maneuver. The addition of the LOI burn introdut&d more optimization variables, the
X and Y components of the LOI burn.

To obtain the target lunar orbit orbital elenseptecisely, it was often necessary
to toggle the optimization variables on and ofhisTreduced the size of the search space.
Once the solution began to converge towards thieedietmrget, the disabled optimization
variables could then be reactivated to furtherrojze the result. An example of an
optimization variable that might be disabled isithigal start time of the scenario. This
variable and the RAAN of the initial Earth orbitoprde similar functions. Both can be
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used to change the phasing of the spacecraft élaodfit with respect to the Moon in its
orbit. To obtain an initial feasible orbit, it wast always necessary to have them both as
optimization variables. However, since the Moaarkit is inclined with respect to the
Earth’s equatorial plane, changing the RAAN of Beeth orbit affects the declination of
the Moon with respect to the Earth at the end efttansfer. So to ensure an optimal
result, the initial time of the scenario was reaatd once the solution began to
converge.

Although the impulsive burn optimizations were ddyy minimizing the totaAV
required, AV can be easily translated into fuel mass requifBais relationship is given

below (Eq. 3-1f° lsp is the specific impulse of the engine, g is thevgational
AV =19 In(&) (3-1)
M f

acceleration at the Earth’s surface, andahtd M are the initial and final mass of the
spacecraft respectively.

The first impulsive burn transfers were complaisohg Ely’s frozen orbit
presented in Table 1 as the target lunar orbitfhiargument of periapsis was only
restricted to be between 80 and 100 deg. Themdttieation of the lunar orbit was
varied from 40 deg to 140 deg in 5 deg incrememtet what effect this had on the total
AV required. Finally, the argument of periapsis wased from 60 to 120 deg, also in 5
deg increments, using a 90 deg target inclinatibimese optimization runs were
completed for both the 18 deg and 90 deg inclimaititial Earth orbits for a series of
argument of perigee values. For the 18 deg algiyment of perigee values of 0, 90,

180, and 270 deg were explored. The 90 deg imibdin orbit optimizations were
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restricted to 0 and 180 deg argument of perigeeause 90 and 270 deg argument of
perigees place the line of apsides of the Earth ndarly perpendicular to the Moon’s
orbit. Any transfer using these initial orbit cayjurations would require a rotation of the

line of apsides and would therefore be highly furehibitive.

18 Degree Inclination Earth Orbit

The following figures show the results obtainezhirthe 18 deg inclination GTO
Earth orbit transfer optimizations. Figures 6 tigb 10 show the affect of target lunar
orbit inclination on the final spacecraft mass aadh of the optimization variables for
the 0 deg argument of perigee initial Earth orbgez Figure 6 shows a decrease in the
final mass of the spacecraft as the inclinatiotheftarget lunar orbit increases. A larger
final mass means a small&Y is required. As th@V increases, more fuel is necessary
resulting in a lower final mass. The initial ma$she spacecraft for all transfer cases
was 1000 kg. Although there is an apparent righerfuel required with increasing
inclination, the overall increase is not appre@abFigure 7 shows the change in total
transfer time. The transfer time increases witlieasing lunar orbit inclination, with an

overall increase of 8 hours from the 40 deg to dd@ inclination orbit.
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Final Mass vs. Lunar Orbit Inclination
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Transfer Time vs. Lunar Orbit Inclination (18 deglination, 0 deg AoP GTO)
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Figure 8 shows the change in initial time with esto lunar orbit inclination. The
initial time is measured from the epoch time of skkenario, 12:00 GMT Jan 1 2012, to
the time of the translunar injection. The lowetlimation lunar orbits show a slightly

later injection time than the higher inclinatiorbibs.
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Figure 8

Initial Time vs. Lunar Orbit Inclination (18 deqdlination, 0 deg AoP GTO)

Figure 9 shows an increase in the size of bothdasrthe lunar orbit inclination
increases. Summing the two burns results in & Mtahat ranges from 1.1526 km/s to
1.1581 km/s, a difference of 5.5 m/s. Figure 1@&ha parabolic behavior for the
RAAN of the Earth orbit and an erratic behaviotrole anomaly with increase in lunar
inclination. It is important to note that whilestfe plots show relationships between the
optimization variable values and the choice of huwrdit inclination, the overall change

in the optimization values is not appreciable irstmtases. This suggests that the lunar
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orbit inclination does not have a large effect loe ¢haracteristics of the lunar transfer for
inclinations within 50 deg of polar, when the trimrbit is appropriately re-optimized

using the Copernicus optimizer.
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Figure 9

TLI and LOI Burn Magnitude vs. Lunar Orbit Inclinam (18 deg inclination,
0 deg AoP GTO)
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Earth Orbit Orbital Elements vs. Lunar Orbit Inclination
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Figure 10

Earth Orbit Orbital Elements vs. Lunar Orbit Indiion (18 deg inclination,
0 deg AoP GTO)

Figures 11 and 12 show the change in final magd.& AV, respectively, as the
AoP of the target lunar orbit is varied. Unlike timclination variation plots, these plots
show noticeable variation with change in AoP. e AoP increases, the/, and

therefore the fuel mass requirement, decreases.
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Final Spacecraft Mass vs. Lunar Orbit Argument @fi&psis (18 deg inclination,
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LOI Delta V vs. Lunar Orbit Argument of Periapsis8(deg inclination, 0 deg AoP GTO)
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Similar plots were created for the other EarthitoNoP cases of the 18 deg
inclination GTO Earth orbit. Some of the inclirativariation plots follow the same
behavior as the figures shown above, while otheosvdifferent or no trends at all. The
different trends suggest that similar lunar trarsst&an be achieved by varying the set of
optimization variables in different ways. Howeuvry all show the same small
difference between the minimum and maximum valdéeeoptimization variables. All
of the plots resulting from the variation in luraabit AoP show the same, general
behavior as Figures 11 and 12 though the exactmaim and maximum values change.
Table 3 presents the average values for all opaitimaz variables for each of the four
initial Earth AoP cases for the lunar inclinaticeriation optimizations. The average
final mass variation is only 10.4 kg from the warase to the best case explored. The
transfer times are also similar with a maximum agerdifference of 8.64 hours between
the four cases. Both cases where the AoP plaegsaitigee of the Earth orbit at a node
(0 deg and 180 deg) result in initial time deviaidfrom 12:00 GMT Jan 1 2012) of
approximately 7.5 days. The off node perigees Iatial times 4 days off from this
time. The average TLI burn magnitude differs Iy 3/s, while the LOI magnitude
varies by 48.8 m/s. The initial Earth orbit RAASIdlearly affected by the AoP of the
Earth orbit, but the initial true anomaly for adlses is within one degree. These results
show that viable trajectories are achievable fofoair AoP cases over the full range of

inclinations explored.
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Table 3

Average Values for 18 deg Inclination Earth OrbaFACases, Inclination Variation

0 deg AoP Earth Orbit
Final Mass 675.05 kg
Transfer Time 4.78 days
Initial Time 7.45 days
Earth RAAN 349.48 deg
Earth True Anomaly | 359.08 deg
TLI Magnitude 0.6773 km/s
LOI Magnitude 0.4788 km/s
Total Delta V 1.156 km/s

90 deg AoP Earth Orbit
Final Mass 671.59 kg
Transfer Time 4.60 days
Initial Time 11.58 days
Earth RAAN 313.77 deg
Earth True Anomaly 0.28 deg
TLI Magnitude 0.6755 km/s
LOI Magnitude 0.4957 km/s
Total Delta V 1.171 km/s

180 deg AoP Earth Orbit
Final Mass 677.31 kg
Transfer Time 4.80 days
Initial Time 7.36 days
Earth RAAN 168.43 deg
Earth True Anomaly | 359.57 deg
TLI Magnitude 0.6774 km/s
LOI Magnitude 0.4689 km/s
Total Delta V 1.146 km/s

270 deg AoP Earth Orbit
Final Mass 682.02 kg
Transfer Time 4.96 days
Initial Time 3.35 days
Earth RAAN 28.63 deg
Earth True Anomaly | 359.94 deg
TLI Magnitude 0.6791 km/s
LOI Magnitude 0.4469 km/s
Total Delta V 1.126 km/s
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90 Degree Inclination Earth Orbit

The 90 deg inclination Earth orbit optimizationidwed the same process as that
used for the 18 deg inclination cases. The sawis plere created as for the 18 deg
inclination case, and the plots show similar trezad very little difference in the
minimum and maximum respective y-values for thdimation variation optimizations.
The plots for the 90 deg Earth inclination, O degtk AoP case are shown in Figures 13-
17. The final mass shows more variation with luprdit inclination than it did for the 18
deg Earth orbit inclination cases. This appeatsetbecause the LQIV also varies
more than in the 18 deg inclination cases. Thal fimass variation remains relatively

small though with a maximum difference of less tbay.
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Final Spacecraft Mass vs. Lunar Orbit Inclinat{e deg inclination, 0 deg AoP GTO)
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Figure 15 shows a large deviation in the initialgifrom the chosen epoch time for the
scenario. The initial time deviated more than 1gsdaom the epoch, a considerable
percentage of the orbital period of the Moon arotimedEarth. This deviation is
necessary to get the proper launch date so thatitfirenent of the trajectory is correct.
Because the LOI burn magnitude varies more thdmitor the transfers using the 18 deg
inclination initial Earth orbit, the totalV also varies more with a minimum value of
1.2378 km/s, for an 85 deg inclination lunar oraitd a maximum value of 1.2600 km/s,

for a 140 deg inclination lunar orbit. This iscaéatl AV difference of 22.2 m/s.
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TLI and LOI Burn Magnitude vs. Lunar Orbit Inclinam (90 deg inclination,
0 deg AoP GTO)
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Earth Orbit Orbital Elements vs. Lunar Orbit Inclination
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Figure 17

Earth Orbit Orbital Elements vs. Lunar Orbit inaltion (90 deg inclination,
0 deg AoP GTO)

Figures 18 and 19 are plots of the final mass @dAV requirement for the
lunar orbit argument of periapsis variation foisteame case. As with the 18 deg Earth

orbit inclination cases, they show the same deergasV with increase in argument of

periapsis.
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Final Mass vs. Lunar Orbit Argument of Periapsis
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Final Spacecraft Mass vs. Lunar Orbit Argument @fi&psis (90 deg inclination,
0 deg AoP GTO)
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LOI Delta V vs. Lunar Orbit Argument of Periaps#®(deg inclination, 0 deg AoP GTO)
45



The average of the optimization variables for tBed@g Earth inclination GTO
cases are presented in Table 4. The averageniiasd for both cases is within 5 kg.
Since the orbit period of the Moon is approximat@fydays, the average initial times are
comparable. The average transfer times differddyaday. The average RAAN
difference is approximately 180 degrees, which rmaaense because the AoPs are
separated by 180 degrees. The TLI burn averatgrglidy 1.2 m/s, while the LOI burn

difference is 19.1 m/s.

Table 4

Average Values for 90 deg Inclination Earth OrbtFACases, Inclination Variation

0 deg AoP Earth Orbit
Final Mass 655.06 kg
Transfer Time 4.81 days
Initial Time -19.73 days
Earth RAAN 349.89 deg
Earth True Anomaly 0.24 deg
TLI Magnitude 0.6774 km/s
LOI Magnitude 0.5671 km/s
Total Delta V 1.244 km/s
180 deg AoP Earth Orbit
Final Mass 659.06 kg
Transfer Time 5.31 days
Initial Time 6.63 days
Earth RAAN 165.05 deg
Earth True Anomaly 1.52 deg
TLI Magnitude 0.6786 km/s
LOI Magnitude 0.5480 km/s
Total Delta V 1.227 km/s

Finally, Table 5 compares the tote¥/'s and final masses for the 18 and 90 deg
Earth orbit inclination cases. All of the 18 daglination cases result in higher final
masses and, equivalently, lower tadds than the 90 deg inclination cases. The final
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mass difference between the most fuel optimal Igineination case, 270 deg Earth

AoP, and the most fuel optimal 90 deg inclinatiase; 180 deg Earth AoP, is 23 kg.

Table 5

Summary of Impulsive Burn Cases

18 deg Earth Inclination 90 deg Earth Inclination
0 deg Earth AoP 0 deg Earth AoP

Final Mass 675.05 kg | Final Mass 655.06 kg

Total Delta V 1.156 km/s | Total Delta V 1.244 km/s
90 deg Earth AoP 180 deg Earth AoP

Final Mass 671.59 kg | Final Mass 659.06 kg

Total Delta V 1.171 km/s | Total Delta V 1.227 km/s
180 deg Earth AoP

Final Mass 677.31 kg

Total Delta V 1.146 km/s
270 deg Earth AoP

Final Mass 682.02 kg

Total Delta V 1.126 km/s

Sources: *International Reference Guide to Space Launch Bste
“MagnoliaRequirements_Nov2007.xisechanics and Thermodynamics of Propulsion,

p. 473.

47



CHAPTER IV

FINITE BURN TRANSFERS

Like the impulsive burn optimizations, finite bumansfer optimizations were
completed using both 18 deg and 90 deg inclinatigial Earth orbits. The 18 deg
inclination runs were completed first and the 99 dens were completed after further
clarification from SSTL on the current baseline sios design for the proposed lunar
small satellite mission. A staged process simdahat used for the impulsive burn
optimizations was employed to optimize the finiterbtransfers.

The first step was to optimize the TLI burn. Tatdis, the finite burn engine was
activated in Copernicus and the propulsion systers defined. In this case, the system
was defined by specifying the thrust and specifipulse. All finite burn transfers
discussed in this chapter were done assuming attbfl00 N and anJof 300 s as
provide by SSTL. Then the sub-optimal control pagters were assigned initial values.
The direction of thrust was parameterized usintne angle of thrust in the orbit plane
with respect to the orbital velocity vector, arglfitst two derivativesg andd .

However, test runs showed that inclusion of th@sddalerivative did not contribute
significantly to the optimization results. Theubk#gd values were nearly zero, and
since bothd andd are defined in Copernicus with units of deg/dayakkinvalues would
not have a significant effect over the course ahbwof duration of one to two hours. So

& was disabled to simplify the optimization proceduF®r the TLI, the initial values for
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a andd were set to zero, meaning the thrust would alwaymlthe direction of the
velocity vector.

Since finite burns are applied over an entire sagrnn Copernicus, an initial
estimate of the length of the burn is input by adiag the DT of the segment. The burn
time for such a low thrust engine can be expeadzkton the order of several hours,
according to preliminary results from SSTL, so adtitial guess is two to three hours.
Finally a coast segment must be connected to thedmgment to allow the spacecraft to
rendezvous with the Moon. Using the results ofithygulsive burn optimizations, a coast
period of approximately five days was used as diaiestimate. This estimate could
also be further improved by using the Copernicgsiafization options to choose a coast
period that roughly intercepts the Moon. The taogadition for the TLI optimization
was an orbit radius vector of zero magnitude watspect to the Moon. In other words, at
this step, the Moon itself is the target.

After the TLI burn was optimized, the next stepswa align the spacecraft for
lunar orbit insertion. As with the impulsive burptimizations, a frozen orbit was used
as the target lunar orbit. The orbit listed in [Ea® was used for the 18 deg inclination
optimizations, and a modified version was usedter90 deg inclination optimization
runs. The alignment process for lunar orbit ineartvas the same as used for the
impulsive burn cases. The Moon’s gravity was eedpand the inclination and argument
of periapsis of the lunar orbit were set as targdtaximum and minimum radius
magnitude constraints were also set, and the radiatity at the end of the coast

segment was constrained to be zero.
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Table 6

Lunar Frozen Orbit (Ely}

Semi-major Axis 6541.4 km
Eccentricity 0.6
Inclination 63.01deg

Right Ascension of the 0 deg

Ascending Node

Argument of Periapsis 90 deg

Once proper alignment was achieved, the LOI burs tivan optimized. For the
LOI burn, the initial thrust direction was assuntedbe in the anti-velocity direction with
ang of zero. As with the TLI burn, inclusion of thecemd derivatived , was found to

be unnecessary.

18 Degree Inclination Earth Orbit
TLI burn optimizations were done over the comptargge of initial Earth orbit
argument of perigee values. The argument of penges changed in 5 deg increments

from O to 360 deg. Figures 20, 21, and 22 weratetefrom the results.
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Figure 22

RAAN vs. Earth Orbit Argument of Perigee (18 deglination GTO)

Figures 20 and 21 show almost identical sinusadalscillating patterns. The TLI burn
time is at a minimum when the argument of periga@® Earth orbit is approximately 90
deg and a maximum near an AoP of 270 deg, anddhsféer time has extrema at similar
AoP values. Although there is a discernible pattérere is not a significant difference
between the minimum and maximum values of the baora, meaning thaVs are
similar, but the transfer time varies by approxieha? hours. In Figure 22, the RAAN is
zero for an AoP of 300 deg and increases as therangt of perigee decreases and then
repeats.

Next complete transfer optimizations were done @veange of lunar inclinations
for initial Earth orbits with AoPs of 0, 90, 18270 deg. Variables that determine the

alignment of the lunar transfer, such as the iniithae and Earth orbit RAAN, were very
52



similar to the corresponding impulsive burn casgélse variables of interest to compare
the impulsive and finite burn cases are the bumesifor both the TLI and LOI
maneuvers as well as the final mass. Table 7 suin@sahe average values of these
variables for the four AoP cases. As burn timeaases, the fuel mass required
increases. Therefore, shorter burn times will lktaaua more fuel optimal transfer and a
greater final mass. So the most fuel optimal fiemsill have the shortest total burn time

and the highest final mass.

Table 7

Average Values for 18 deg Inclination Earth OrbtFACases, Inclination Variation

0 deg AoP Earth Orbit
Final Mass 608.37 kg
TLI Burn Time 2.38 hrs
LOI Burn Time 0.82 hrs

90 deg AoP Earth Orbit
Final Mass 606.25 kg
TLI Burn Time 2.37 hrs
LOI Burn Time 0.84 hrs

180 deg AoP Earth Orbit
Final Mass 605.88 kg
TLI Burn Time 2.41 hrs
LOI Burn Time 0.81 hrs

270 deg AoP Earth Orbit
Final Mass 612.55 kg
TLI Burn Time 2.39 hrs
LOI Burn Time 0.77 hrs

Like the impulsive burn cases, there is not mudteince in the propulsive
requirement for the different AoP cases of thelEarbit. Table 8 shows the final mass
difference between the analogous impulsive antefimurn cases for the 18 deg
inclination initial Earth GTO. The finite burn assrequire more fuel than the impulsive
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burn cases. The difference is significant reinfayche assumption that the burns should

not be modeled as impulsive.

Table 8

Impulsive vs. Finite Burn Final Mass Difference @€ inclination GTO)

Earth Argument of Perigee (deg) | Final Mass Difference (kg)
0 66.62
90 65.56
180 70.78
270 68.74

90 Degree Inclination Earth Orbit

Like the 18 deg inclination Earth orbit case, Durn optimizations were
completed with the 90 deg inclination Earth GTOdamange of argument of perigee
values. However, since AoPs near 90 and 270 degdarrealistic candidates because of
the unfavorable alignment of the GTO’s line of dlesi, only AoPs around 0 and 180 deg
were explored. This fact would have important iicgtions for the deisng of the Earth
orbit and launch window of the mission. The residr AoPs centered around 0 deg are
shown in Figures 23, 24, and 25 and similarly igures 26, 27, and 28 for AoPs

centered around 180 deg.
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Translunar Injection Burn Time vs. Earth Orbit Argument of Perigee
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TLI Burn Time vs. Earth Orbit Argument of Perigé&® (deg inclination GTO,
0 deg AoP range)
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Earth Orbit Right Ascension of the Ascending Node vs. Earth
Orbit Argument of Perigee
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RAAN vs. Earth Orbit Argument of Perigee (90 degjination GTO, 0 deg AoP range)
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Transfer Time vs. Earth Orbit Argument of Perigee
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Unlike the 18 deg inclination cases, there areiBggant correlations between the
argument of perigee and the burn time, transfee teamd RAAN. Because of the
comparatively low inclination of the 18 deg orlmhanging the AoP did not significant
change the required declination of the Moon foaluntercept, so all transfers could
intersect the Moon near its orbit’s descending node

However, for the 90 deg inclination Earth orbittlas AoP moves away from O or
180 deg, the point at which the transfer orbitrsgets the Moon moves away from the
Moon'’s orbit’s node. This results in first a gratlchange in both the burn time and
transfer time for AoPs near 0 or 180 deg, but astibP gets farther away, these
variables change dramatically because the transb@ris no longer intersecting the
Moon when the spacecraft is at the apogee of émesfer orbit with respect to the Earth.
Once the AoP of the Earth orbit is such that tlygiired lunar declination is greater than
the inclination of the Moon’s orbit, the spacecratist be placed in a transfer orbit with
an apogee radius greater than the radius of thenMaobit, which is an inherently more
inefficient transfer. This behavior is demonstdate Figures 29 and 30. In Figure 29,
the lunar transfer reaches the Moon near the apoageeof the transfer orbit. While in

Figure 30, the apogee point is now beyond the Moorbit.
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Figure 29

Lunar Transfer Orbit Example (lunar intercept abgge)

Figure 30

Lunar Transfer Orbit Example (lunar intercept befapogee)

For each AoP range, three AoPs were chosen fom@atiion of complete lunar
transfers. The AoP with the lowest burn time ali agthe two endpoints of each AoP
range were selected. For the 0 deg AoP rangegdohiesponded to AoPs of -45, 20, and
45 deg, and for the 180 deg range, AoPs of 135, i) 225 deg were chosen. Table 9
summarizes the results of these optimizations. @wing these results to those in Table

7, transfers using a 90 deg inclination Earth capjpear to be less fuel optimal. Except
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for the 225 AoP case, the LOI burn times for thel®@ Earth orbit inclination cases are
all noticeably longer than the 18 deg Earth omuitination cases, and the TLI burn times
are also longer except for the AoP cases near A@ddleg. This is likely because most

of these transfers intercept the Moon away frondémsrending node of its orbit.

Table 9

90 deg Inclination Transfer Results

TLI LOI

Argument Burn Transfer Burn Total Final
of Perigee Time Time Time Burn Mass
(deg) (hr) (days) (hr) Time (hr) (kg)
-45 2.58 10.90 1.08 3.66 551.58
20 2.37 4.42 1.11 3.48 573.90
45 2.67 3.54 1.10 3.77 538.84
135 2.64 8.32 1.08 3.72 544.96
160 2.37 4.56 1.03 341 583.97
225 2.68 4.03 0.85 3.53 567.44

One additional finite burn transfer optimizatioassxcompleted on a new mission
baseline orbit provided by SSTL late in the cowsthis study. The initial Earth orbit
was also refined with the argument of perigee $igecio be 178.5 deg and the shape
slightly modified. The parameters of the new naesbrbit and the initial Earth orbit are
provided in Tables 10 and 11. The results of {h@m@zation are given in Table 12.
Comparing these results to the other 90 deg intindarth orbit finite burn
optimizations shows that this transfer resulthmgreatest final mass of the 90 deg Earth

inclination cases studied.
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Table 10

New Baseline Lunar Orbit

Periapsis Radius 2454 km
Apoapsis Radius 9826 km
Inclination 57.7 deg
Argument of Periapsis 90 deg
Table 11

Modified GTO Earth Orbit

Semi-major Axis 24478.1 km
Eccentricity 0.731
Inclination 90 deg

Argument of Perigee 178.5 deg
Table 12

Transfer Optimization Results for New Mission Orbit

TLI Burn Time Transfer Time LOI Burn Time Final Mass
(hr) (days) (hr) (kg)
2.37 478 1.01 587.00
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CHAPTER V

PHASED TRANSFERS

Phased transfers were explored to determine thglie fuel savings that could
be achieved if gravity losses were decreased Hdpnpeing several smaller burns at
perigee of the Earth orbit instead of one singlgdaTLI burn. As an initial estimate,
phased transfers were completed to raise the afpdgke GTO orbit to that of the semi-
major axis of the Moon’s orbit, 384,000 km. Foiffedent phased burn sequences were
explored. These were 50-75-100-200-384, 50-100383) 75-150-384, and 100-200-
300-384, where each number is the new apogee rediisusands of kilometers after a
burn. These transfers require five, four, threw, @ur burns respectively.

These sequences were chosen to explore how theeftugtement is affected by
when and how much the apogee radius is increasaakitburn. The first sequence
increases the apogee gradually at first until regae radius has increased significantly.
At which point, the apogee is increased in largerements. Each of the next three
sequences increases the apogee radius more quiskhough attempts were made to
use Copernicus to optimize how much each burn shiaatease the apogee radius,
because of the complexity of the search spaceatepdurns separated by coast periods,
the initial attempts were not successful. The autlecided to manually choose a variety

of sequences to explore the phased transfer behaliw modified baseline mission
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orbit and initial Earth GTO given in Tables 10 dridat the end of Chapter IV were used
for the phased transfer optimizations.

The optimization results from the four phasedgfancases are presented in
Table 13. One characteristic that is obvious fthese results is that the required burn
duration to further raise the apogee of the trard#ereases as the apogee point gets
farther from the Earth. The first case where thial apogee raising is done in 25,000
km increments results in the highest final massleathe third case, where each of the
first two burns raises the apogee by 100,000 kmmyvstthe worst performance. For
comparison, a single burn transfer from the GT@able 12 to an apogee radius of
384,000 km results in a burn time of 2.37 hr, agfer time of 4.95 days, and a final
mass of 709 kg. The fourth case is the second fuekbptimal, but it has the additional
benefit of a total transfer time that is more tharee days shorter than the most fuel

optimal case.
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Table 13

Phased Transfer TLI Results (100 N Thrust)

50-75-100-200-384 Phased Transfer
Final Total Total
Burn 1 Burn 2 Burn 3 Burn 4 Burn Burn Transfer Final
Duration | Duration | Duration | Duration | Duration Time Time Mass
(hr) (hr) (hr) (hr) (hr) (hr) (days) (kg)
0.299 0.528 0.267 0.415 0.183 1.692 11.75 786
50-100-200-384 Phased Transfer
Final Total Total
Burn 1 Burn 2 Burn 3 Burn Burn Transfer Final
Duration | Duration | Duration | Duration Time Time Mass
(hr) (hr) (hr) (hr) (hr) (days) (kg)
0.299 0.95 0.455 0.191 1.895 10.69 768
100-200-300-384 Phased Transfer
Final Total Total
Burn 1 Burn 2 Burn 3 Burn Burn Transfer Final
Duration | Duration | Duration | Duration Time Time Mass
(hr) (hr) (hr) (hr) (hr) (days) (kg)
1.6 0.386 0.114 0.050 2.150 17.00 737
75-150-384 Phased Transfer
Final Total Total
Burn 1 Burn 2 Burn Burn Transfer Final
Duration | Duration | Duration Time Time Mass
(hr) (hr) (hr) (hr) (days) (kg)
0.969 0.566 0.324 1.859 8.57 773

At this stage, the effect of the thrust level & firopulsion system was explored
by running the same sequence of phased transfédraw50 N thrust engine instead of
the 100 N thrust engine used for all of the presioptimizations. The results from the
150 N phased transfers are shown below in TableTt# 150 N thrust cases show
improved performance over the 100 N cases for gadsfer. However, there is less

difference between the final masses for the 15@$¢s. Using a single burn transfer
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would result in a burn time of 1.39 hr, a trangiere of 4.98 days, and a final mass of

744 Kkg.
Table 14
Phased Transfer TLI Results (150 N Thrust)
50-75-100-200-384 Phased Transfer
Final Total Total
Burn 1 Burn 2 Burn 3 Burn 4 Burn Burn Transfer Final
Duration | Duration | Duration | Duration | Duration Time Time Mass
(hr) (hr) (hr) (hr) (hr) (hr) (days) (kg)
0.196 0.375 0.174 0.27 0.121 | 1.136 11.65 791
50-100-200-384 Phased Transfer
Final Total Total
Burn 1 Burn 2 Burn 3 Burn Burn Transfer | Final
Duration | Duration | Duration | Duration Time Time Mass
(hr) (hr) (hr) (hr) (hr) (days) | (kg)
0.196 0.582 0.266 0.121 1.165 10.70 786
100-200-300-384 Phased Transfer
Final Total Total
Burn 1 Burn 2 Burn 3 Burn Burn Transfer | Final
Duration | Duration | Duration | Duration Time Time Mass
(hr) (hr) (hr) (hr) (hr) (days) | (kg)
0.828 0.266 0.083 0.037 1.214 16.93 777
75-150-384 Phased Transfer
Final Total Total
Burn 1 Burn 2 Burn Burn Transfer Final
Duration | Duration | Duration Time Time Mass
(hr) (hr) (hr) (h) (days) (kg)
0.598 0.364 0.212 1.174 8.48 784

Finally complete phased transfer optimizations vekemee by taking several of the
phased transfer cases and applying LOI burns. r@$dts of these optimizations are
shown below for the 100 N and 150 N thrust cas@sables 15 and 16 respectively. The
first two transfers for each thrust level resulbhearly identical final masses, while the

third transfer has a higher fuel mass requiremanbéth thrust levels. Compared to the

65



single TLI burn case results shown in Table 12gisii00 N thrust engine, the phased
transfer requires from 22 to 51 kg less fuel. Ags TLI burn transfer was also done

with a 150 N thrust engine, and it resulted innaffimass of 616 kg, or 25 to 35 kg less

than the equivalent phased transfers.

Table 15

Complete Phased Transfer Results (100 N Thrust)

Total
Transfer LOIBurn | Final Mass
Transfer Type [ Time (days) [ Time (hr) (kg)
50-100-Moon 6.59 1.10 636
75-150-Moon 8.43 1.11 638
100-200-Moon 10.32 1.05 609
Table 16

Complete Phased Transfer Results (150 N Thrust)

Total
Transfer LOI Burn | Final Mass
Transfer Type | Time (days) | Time (hr) (kg)
50-100-Moon 6.65 0.725 651
75-150-Moon 8.30 0.732 651
100-200-Moon 10.05 0.746 641
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CHAPTER VI

SUMMARY AND CONCLUSIONS

This study began with analysis and optimizatiodioéct impulsive burn transfers
from an Earth-centered geostationary transfer ¢oldt specified lunar “frozen” orbit.
Two different inclination initial Earth orbits, l&hd 90 deg, were analyzed to see the
effect on the total change in velocity require@¢dmplete the lunar transfer. For each of
the two inclination orbits, the argument of perigess also varied to see if this affected
the propulsion requirements. For the 18 deg iatlom Earth orbit, arguments of perigee
explored were 0, 90, 180, and 270 deg. Becausegument of perigee of 90 or 270
degs would create an unfavorable alignment ofitreedf apsides for the 90 deg
inclination Earth orbit, only arguments of perigded and 180 deg were explored for that
case.

For each of the six total initial Earth orbit caseansfers were completed and
optimized to a given lunar frozen orbit. The ineliion of this lunar orbit was varied
from 40 to 140 deg to see if this affected thedfanrequirements. The results showed
that the inclination of the lunar orbit, in thisterded polar range, has a minimal effect on
the fuel requirements of individual, optimized s88rs. Because there were many
optimization variables that could be altered to ptate the transfer, plots of the variation
of these optimization variables with respect taaluimclination showed different trends

for the different Earth orbit cases. This suggésds suitable transfers can be achieved
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by varying the optimization variables in differemays. The optimizations that started
from an 18 deg inclination Earth orbit resultedriore fuel optimal transfers for the
specific target orbit used. The average final nfasthe 18 deg inclination cases was
676 kg, and the average final mass for the 90 demation cases was 657 kg, assuming
an initial mass of 1000 kg.

The lack of major differences between the varioitsal Earth orbit argument of
perigee and lunar orbit inclination cases is evigeof the usefulness of the Copernicus
software. The software was able to find similatirmpl solutions for all of the cases.
Excluded from this are the 90 and 270 deg Eartit argument of perigee cases for the
90 deg inclination initial Earth GTO. Becauseltd tnherent geometry of these orbits,
no comparable fuel optimal solutions are possible.

Using a 90 deg inclination lunar orbit, the arguin&frperiapsis of the lunar orbit
was also varied, from 60 to 120 deg, to find ifeefon theAV required to complete the
transfer. Unlike the inclination of the lunar drlihe argument of periapsis of the lunar
orbit did show a significant effect on the transtguirements for both the 18 and 90 deg
inclination initial Earth orbits. Both in-plane mponents of the lunar orbit insertiav
decreased with increasing argument of periapsie fihal mass after all maneuvers were
completed was 40-50 kg greater for an argumenenépsis of 120 deg compared to an
argument of periapsis of 60 deg. For lunar sootk pbservation, a 90 deg argument of
periapsis is best, so this would fall in the midoll¢he observedV range.

Next, because the lunar transfers analyzed forsthidy are to be used by a small
satellite which will have a relatively low thrustgpulsion system, finite burn transfers
were analyzed to more correctly model the actualfuass requirements. As with the
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impulsive burn optimizations, 18 and 90 deg indima Earth orbits were used as the
initial orbits for the transfers. First the bel@wof the translunar injection burn with
changing argument of perigee of the Earth orbit areyzed for both Earth orbits. For
both orbits, the TLI burn time showed an oscillgtbehavior with argument of perigee.
Although there was a pattern, the variation ofréguired burn time for the 18 deg
inclination orbit only varied by less than a minfr@m the minimum to maximum burn
times. But the 90 deg inclination orbit showedachlarger variation. This is because,
for the 90 deg inclination orbit, as the argumdmerigee moves away from either the
ascending or descending node of the orbit, theiredjdeclination for intercept of the
Moon increases greatly. Once this required dettinas greater than the inclination of
the Moon'’s orbit, the transfer will not intercepetMoon at the apogee of the transfer
orbit. Instead, the apogee of the transfer orlistnbe greater than the Moon'’s orbit
requiring a larger TLI burn.

Because of the low variation for the 18 deg indlmraorbit, arbitrary arguments
of perigee, 0, 90, 180 and 270 deg, were chosefufitrer study. Like the impulsive
burn cases, transfers were completed to a candiaten orbit with varying lunar orbit
inclination. The results were similar, showingditeffect of inclination on the fuel
requirements. For the four cases, the averagerfiaas was 608 kg. This is an average
of 68 kg less than the associated impulsive busesaThus, the more realistic finite
burn requires 68 kg more propellant than the impealburn simplification predicts. This
result validated the assumption that the transtemenvers should not be assumed to be

impulsive.

69



For the 90 deg inclination case, the Earth orbiPAath the shortest TLI burn
time in each range around 0 and 180 deg AoP wastsélfor detailed optimization, as
well as the two endpoints of each range. The Astfdsen were -45, 20, 45, 135, 160,
and 225 deg. For these six cases, complete Itarasfers were optimized to the
candidate frozen orbit. The two cases with thetssdTLI burns were the most fuel
optimal of the six cases, while the endpoint caga®, as expected, less optimal as was
expected. The average final mass of these sixsaage 560 kg, with a range from 539 to
584 kg. Again these results show that transfens fthe 90 deg inclination Earth orbit
are less optimal than transfers from the 18 delgiaitton orbit for the candidate lunar
frozen orbit investigated.

The final analysis of this study was the optimiaatof phased multiple perigee
burn transfers. By breaking the TLI burn into savemaller burns, gravity losses were
decreased. Additionally the effect of increasimg thrust of the propulsion system from
100 N to 150 N was also analyzed. The initial plasansfer analyses raised the apogee
of the Earth orbit to the semi-major axis of thedvis orbit without actually intercepting
the Moon. The four cases analyzed were 50-75-1000384, 50-100-200-384, 100-200-
300-384, and 75-150-384 transfers, where each nuisliee new apogee in thousands of
kilometers. For both thrust levels, the most fyimal transfer was the first which split
the TLI burn into five separate transfers. Thealfimass for each of the thrust levels was
786 and 791 kg respectively. The least fuel ogdtinaamsfer was the 100-200-300-384
transfer. It resulted in a final mass of 737 kgtfee 100 N thrust case and a mass of 777

kg for the 150 N case.
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Phased transfers of three perigee burns and a dubginsertion burn were then
completed for each thrust case. These transfenes 5%100-Moon, 75-150-Moon, and
100-200-Moon. For the 100 N case, these resuitéidal masses of 636, 638, and 609
kg respectively. While the 150 N thrust enginautesl in final masses of 651, 651, and
641 kg. Both thrust cases show that the thirdsfiearwas less fuel optimal, but the first
two were comparable. The phased transfers redheddiel mass requirement over the

single burn transfer by 22 to 51 kg for the 100ddecand 25 to 35 kg for the 150 N case.

Future Work

This study focused on the optimization of lunansfers from an Earth orbit to a
given lunar orbit. For these transfers, only thape and inclination of the lunar orbit
was targeted. The right ascension of the ascematidg of the lunar orbit was free to be
any value. Further research could be done to aedhe effect of right ascension of the
ascending node on the fuel requirements of lumasters. Also, analyses could be
completed on how varying the initial mass of thacgeraft affects the fuel requirements.
Further optimization of the intermediate orbitsdibg a multiple-burn phased transfer is
also suggested. Finally, since a constellatiomavigation and communications
spacecraft is likely to be required to meet thdgoathe Vision for Space Exploration,

research will also be necessary on the transfedaptbyment of such a constellation.
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