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CHAPTER I

INTRODUCTION

The practice of building a mathematical model for the flight dynamics of an
aircraft and using that model for simulation of the aircraft motion is one of the most
accepted techniques used in the analysis of aircraft motion. The mathematical model is
derived from the differential equations that describe the dynamic behavior of a rigid body
aircraft. Once a mathematical model is derived, the model can be used to analyze the
dynamic behavior of the aircraft following a pilot input or atmospheric disturbances.

This thesis presents one method of analyzing the longitudinal and lateral-
directional motions of aircraft following a pilot input using MATLAB [Ref. 1] and
SIMULINK [Ref. 2]. MATLAB (which stands for matrix laboratory) and SIMULINK
are software packages developed by Mathworks that are widely used for the simulation of
aircraft motion. The method takes into account the changed speed and altitude due to
pilot input while performing the simulation of the aircraft motion. In other words, the
method considers the non-linearity of aircraft dynamic response at different speed and
altitude. Several other methods and software packages have been used in the past for the
non-linear simulation of aircraft motion. However, this method introduces a relatively
simple approach for the non-linear simulation of aircraft motion.

The purpose of this thesis is to introduce a method for piecewise simulation of

aircraft motion following pilot input in the Airplane Stability and Control courses in the

1



2
undergraduate and graduate levels [Ref. 3]. The current courses in these levels include
only the linear simulation of aircraft motion where the simulation is done for a particular
set of stability and control derivatives that represent the aircraft motion for particular
speed, altitude, angle of attack etc. The present piecewise simulation has the capability to
simulate the aircraft motion for the entire flight envelope where stability and control
derivatives are changing with speed and altitude. The results obtained from the
simulation then provide a basis for Aircraft Control System Analysis and Design courses
in both the undergraduate and graduate levels [Ref. 4]. The mathematical model used is
in state-space form [Ref. 5, 6, and 7]. The state-space representation consists of matrices
of stability and control derivatives and states of the aircraft [Ref. 6, 7].

Stability and control derivatives represent the stability and maneuverability of an
aircraft, respectively, and are obtained from aerodynamic and geometric characteristics of
the aircraft. The stability and control derivatives relate forces and moments acting on the
aircraft to the aircraft states, such as angle of attack, sideslip angle, and angular rates.
These stability and control derivatives are the functions of aircraft speed, altitude, angle
of attack, sideslip angle etc.

The model presented in this thesis primarily uses aircraft geometric and
aerodynamic characteristics to determine the stability and control coefficients [Ref. 6, 7].
These coefficients are then used to determine two-dimensional look-up tables of stability
and control derivatives at the given ranges of speed and altitude. The size of the look-up

tables depends on the number of points in the aircraft envelope where derivative data has



been defined. The look-up tables of the derivatives calculated are interpolated to

determine the derivatives at a particular speed and altitude.

The S-Function [Ref. 8] capability of SIMULINK is used in building the

piecewise aircraft simulation model. The model is simulated at an initial speed and

altitude. Due to a pilot input, altitude and/or speed of the aircraft will change. Values of

the new speed and/or altitude are fed-back to the model where stability and control

derivatives are interpolated based on any changes in altitude and/or airspeed and the

response of the aircraft is observed at the new speed and altitude. Stability and control

derivatives are updated at each time step of the simulation. The following flowchart

illustrates the development of piecewise simulation.

Aircraft
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And
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Initial
Speed
And
Altitude

Speed
And
Altitude

Ranges

Look-up
Table of
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And
Control
Derivatives

Interpolation

A and B
Matrices

Simulate
One
Time Step in
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Figure 1: Piecewise Simulation Development Flowchart
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Thus, simulation can be used to observe the non-linear behavior of aircraft
response over the complete ranges of speed and altitude. This will allow the engineers to
take into account the effect of speed and altitude while designing autopilots, stability
augmentation systems etc., freeing them of the limitations imposed by the use of linear

equations of motion that are valid only at a single altitude and airspeed.



CHAPTER II

THEORETICAL BACKGROUND

The main objective of the simulation of aircraft motion is to observe the dynamic
behavior of the aircraft. Aircraft simulation helps control engineers to observe the effect
of pilot inputs and disturbances, such as atmospheric gust, on the dynamic behavior of the
aircraft. The accuracy of the simulation depends upon the mathematical model used in the
simulation. If the mathematical model is accurate, the simulation will produce the
representative dynamic behavior of the aircraft.

The mathematical model used in simulation is derived from the six-degree-of-
freedom rigid body differential equations of motion for aircraft [Ref. 6, 7]. The
mathematical model used in this thesis is in the state-space form. State-space models
consist of an aircraft state equation and output equation [Ref. 6, 7]. Standard form for the
state-space model is written as follows:

The state equation, x=A4-x+ B -uj;and

the output equation, y=C-x+ D -1
Here, A is the system matrix, B is the input matrix, C is the output matrix, D is the Matrix
to represent direct coupling between input and output, x is the vector containing aircraft
states and u; is the input vector.

In the following sections, the theory leading to the state-space model is described.



States of Aircraft

States of aircraft are the quantities that are necessary to describe the state of the
aircraft at a particular point of flight [Ref. 6, 7]. These are the angle of attack (a), sideslip
angle (B), three translation velocities (u, v, and w), three angular rates (pitch rate g, roll
rate p, and yaw rate r), and three Euler angles (pitch angle 0, roll angle ¢, and yaw angle
y). Given these quantities, the state of the aircraft can easily be described. The
longitudinal response of the aircraft following a disturbance is described by changes in u,
a, g, and 0, while the lateral response of the aircraft is described by changes in B, p, r, and
?.

Stability Derivatives and Coefficients

Stability and control derivatives are the dimensional quantities that represent the
aerodynamic forces and moments [Ref. 6, 7]. The aerodynamic forces and moments are
functions of instantaneous values of perturbation variables. Perturbation variables are the
instantaneous changes from the reference conditions. The perturbation variables will be
used as the state of the aircraft in the state-space implementation. Thus, the aerodynamic
forces and moments can be expressed by means of a Taylor series expansion of the
perturbation variables about the reference equilibrium condition. For example, the change

in force in the x direction can be expressed as follows:

AX (11, W, Wy §e,0e) = %Aw@—{(&w ....... +6lA56+H.O.T 1)

u ou o

The terms (2—)(,% etc. are called stability derivatives and are evaluated at the reference
u u

flight conditions. Contribution of the change in velocity u to the change in X force is



X X . o .
a—Au. The term é;— can also be expressed in terms of the stability coefficients as
u u

follows:

o N L 0- S, where C, isanon-dimensional stability coefficient.
ou u UO u

Similarly, all the other forces and moments can be expressed in terms of the perturbation
variables. Since three forces (X, Y, and Z forces) and three moments (Pitching, rolling,
and yawing moment) are acting on the airplane and the numbers of perturbation variables
are large, a number of stability derivatives (and stability coefficients) exist. The United
States Air Force Stability and Control Data Compendium (DATCOM) [Ref. 9] has
defined and derived all these derivatives. The coefficients and derivatives that are
relevant to the present thesis have been taken from the DATCOM and Ref. 7 and are

described in the Appendix D.

Control Derivatives and Coefficients

Just as the stability derivatives represent the stability of the aircraft, the control
derivatives (and coefficients) represent the maneuverability of the aircraft. Control
derivatives and coefficients relate the aircraft forces and moments to the deflection of the
control surfaces. Since there are primarily three control surfaces (elevator, aileron, and
rudder), all the control derivatives and coefficients are functions of deflection of any of
these control surfaces. The pertinent control derivatives and coefficients are listed in

Appendix D.



Equations of Motion of Aircraft

The equations of motion of an airplane are derived from Newton’s second law of
motion, which states that the summation of all external forces acting on a body is equal to
the time rate of change of the momentum of the body and that the summation of all
external moments acting on the body is equal to the time rate of change of angular

momentum. In mathematical notation, the equations of motion are written as follows

[Ref. 7]:
Force equation, _ F = i(m U) Q?)
dt
. d
Moment equation, ZM = Z(H ) A3)

In these equations, m, v, and H are the mass, speed and angular momentum of the
aircraft, respectively.
Both the force and the moment have three components along the X, Y, and Z-axes

(the body axes) of the aircraft. These components are as given below:

X-force component, F, = %(m “u) 4)
d
Y-force component, F, = E(m V) 5
d
Z-force component, F, = E(m “W) (6)
. d
Rolling-moment, L = % (H)) 7

Pitching moment, M = %(H ) 8



Yawing moment, N = %(H ) 9

In these equations, Hy, Hy and H, are the components of angular momentum along the X,
Y, and Z-axes, respectively.

To determine the force and moment equations of the aircraft, an elemental mass at
a certain distance from the center of mass and having a certain velocity relative to an
inertial frame is considered. The external forces and the moments acting on the mass are
then calculated using the above force and moment equations. The forces and the moments
acting on the airplane are the sum of these elemental forces and moments calculated over

the entire surface of the airplane, and are represented by the following equations [Ref. 7]:

F =m@+q-w—r-v) (10)
F,=m@+r-u—p-w) an
F. =m(W+p-v—q-u) 12)
L=1-p-1I.-7+q-r(I.-1,)-1.-p-q a3)
M=1,G+r-p(I,~1)+I_ -(p*~r7) a4
N=—l_-p+l.-7+p-qU, =1 )+1 -q-r as)

The equations of motion given above are non-linear. By applying the small
disturbance theory, these equations of motion can be linearized. The linearized equations
are much easier to use [Ref. 11]. Furthermore, the main advantage of the linearized
equations is that they can be presented in the state-space form. Linearized equations of

motion for longitudinal and lateral-directional dynamics are given below [Ref. 7]:
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Longitudinal Equations of Motion

(%—XujAu—XW ‘Aw+g-cos(6y)A0 = X5 -AS, + X5, - Aoy (16)

d d .
—;,Au+[@—zwh5—zw]Aw—{@o+qu5—gmM@J]A9=Z%-A56+Z&-A@n

17)

d d? d
_Mu 'Au+(Mw'E+MWj'AW+(dt—2—Mq 'EJ'AezMé‘e 'Age +M§T A5T (18)

Lateral-Directional Equations of Motion

d
. (E_ YVJAV— Y, -Ap+(ug =Y, ) Ar = (g - cos(6y))Ad = Y5 - AS, (19)
o —L -Av+ i—L Ap — [yz~i+L Ar=Ls -AS,+Ls -AS (20)
v dt p |PP Ix dt r S, a [ r
e —N, -Av-— Ixz~i+N A +(1—N jAr—N -Ad,+Ns -AO (21)
v IZ dt p |BP dt r oy a o, r
GRS
In these equations, X, = u , X, = ld and so on [Ref. 6, 7].
m m

These equations of motion are for an axis system fixed to the airplane, the body
axes. The position and orientation of the airplane can only be described relative to the
fixed, inertial frame of reference. The following transformations describe the motion of

the airplane relative to the inertial frame of reference [Ref. 7].
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b cos@-cossy sing-sin@-cosy —cosg-siny  cos@-sinf-cosy +sing-siny | u

y|=| cos@-sinyy sing-sind-siny +cos@-cosy cos@-sinf-siny —sing-cosy | v

z —siné siné - cos @ cos¢ - cosé w
(22)

é 1 sing-tand cos¢-tan@) (p

.

=0 cos ¢ —sing || g 23)
v 0 sing-secd cos@-secl) | r

Integrating these equations, the position and orientation of the airplane relative to

the inertial frame can be obtained.

Angle of attack and side-slip angle

The aerodynamic forces and moments primarily depend on angle of attack and
sideslip angle. The angle of attack is associated with the longitudinal forces and
moments, while the sideslip angle is associated with the lateral-directional forces and
moments. Lift, drag, and pitching moments depend on the angle of attack, whereas the
side force, rolling moments and yawing moments depend on the sideslip angle. The angle

of attack and the sideslip angle are described by the following equations:

(24)

(25)

U=vu? +v* +w? (26)
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These equations show the relationship between the angles and the velocity components

along X, Y and Z axes.

Damping and Natural Frequency

The damping and the natural frequency describe the handling qualities of aircraft
motion. Each of the dynamic modes [Ref. 7] has target values for damping ratios and
frequencies that have resulted in good handling qualities over the years. As a result of a
considerable research, target values for damping ratios and frequencies have been set for
all the flight levels and flight phase categories of aircraft of all the classes [Ref. 7]. The
aircraft or flight phases with damping ratios and frequencies below the target values are
considered unsatisfactory or need stability augmentation systems [Ref. 7] in order to
improve handling qualities.

Both damping and frequency are functions of stability derivatives and, therefore,
are functions of aircraft geometric and aerodynamic characteristics. The damping and
frequency for the different modes of aircraft motion, namely short-period mode, long-

period or phugoid mode, roll mode, spiral mode, and Dutch roll mode, are listed below:

Short-Period frequency and damping

1/2
Natural frequency, o, , - [Mq .i—Z—Maj 27
VA
| My +Mg+—%
Ug

Damping, ¢, = o (28)
Hgp
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The subscript ‘sp’ stands for short period mode.

Long-Period frequency and damping

-7 .
Natural frequency, @, = u's
Ug

and (29)

-X
Damping, ¢, = 4 30)
2-w,
P
In these equations, the subscript ‘p” denotes long period or phugoid mode.
Dutch roll frequency and damping
Ys-N,—Ng-Y, +ug-N
Natural frequency, o, = \/ p pr 70 h 31
r uo
_ Yg+ug-N
Damping, £ = ——— | L0 @32)
2. a)ndr Ugp

Here, the subscript ‘dr’ refers to Dutch roll mode.

Roll-mode and spiral-mode are non-oscillatory motions. The characteristic roots for these

motion are as follows:

Aot = L, (33)

L,-N —L N
/1spirul = £ L d (34)
B

The above equations show that damping and natural frequencies are functions of

stability derivatives. As the stability derivatives change with speed and altitude of an
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aircraft, the handling qualities of the aircraft will also change with change in speed and
altitude. The simulation of aircraft motion with fixed A and B matrices does not represent
the true handling qualities of the aircraft and, therefore, there is a need for piecewise

simulation.



CHAPTER III

TECHNICAL APPROACH

As described earlier, the present thesis is about non-linear simulation of
longitudinal and lateral-directional motions of aircraft. Simulation of aircraft motion
allows the control engineers to study the dynamic characteristics of the aircraft in
advance, i.e., before performing any flight tests [Ref. 12]. This will significantly reduce
the risk and, perhaps, the time involved with aircraft control system design. With
simulation, the control engineers will be able to accurately estimate a control system
design of an aircraft, including autopilots and stability augmentation systems to obtain
the desired dynamic characteristics without performing an actual flight test.

The basis of any simulation is a mathematical model. The accuracy of a
simulation depends upon the accuracy of the mathematical model. If the derived
mathematical model is correct, the simulation will give the desired characteristics. If the
desired characteristics are not obtained from the simulation, the mathematical model has
to be changed. In an aircraft control system design, changes in the mathematical model
usually involve changes in the geometric and aerodynamic characteristics of the aircraft.
The mathematical model used in the present thesis is the state-space model. The state-
space model is represented by the following equations [Ref. 6]:

x=A4A-x+B-u

y=C-x+D-u

15
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Here, x is a vector consisting of the states of the aircraft (u, a, q, 6, B, p, r, ¢), xdot is the

time derivative of x, A is the system matrix, B is the input matrix, u; is the input vector

(e, Ot, 04, Or etc.), y is the output vector, C is the output matrix and is taken as

identity

matrix of size of the A matrix, and D is usually a null matrix for aircraft control systems.

Representing the longitudinal and lateral-directional motion of the aircraft in

state-space form, following models are obtained [Ref 7.]:

Linearized Longitudinal Model

Au X, X, 0 -g) (Au Xé‘e X5T

AW Zu ZW uo 0 Aw . Zé‘e Z§T

AD 0 0 1 0 ) lae 0 0

Linearized Lateral/Directional Model

VAR RN _(I_y,] 2005 | gy [0 T
. ZN) Z0) Uy Uy A Uy AS
Ap = L,E L L, 1P +| L Ly a
AF ! Ar AS
gl [N N N 0 g | Mo Ve r
2 0 0 7)o o

AS
. ) e

(35)

(36)

In each model, the A matrix consists of stability derivatives and the B matrix

consists of control derivatives. The input vector in the longitudinal model consists of

elevator and throttle deflections, while in the lateral-directional model the input vector

consists of aileron and rudder deflections. The model used in the present thesis combines

both these models into one, forming a single state-space model that represents both the

longitudinal and the lateral-directional motions of the aircraft. However, the combination

|
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of longitudinal and lateral-directional models into one model does not mean that these
motions are coupled. The combination is done in such a way that the longitudinal and
lateral-directional motions remain uncoupled. The model thus formed is used in the
piecewise simulation of the aircraft.

The piecewise simulation is different from linear simulations in that the linear
simulation is performed with stability and control derivatives valid at only one speed and
altitude. The piecewise simulation is designed in such a way that it is able to simulate the
flight over the entire gamut of speed and altitude. The model has the ability to work on
two different data sets. One set of data has a two-dimensional look-up table of stability
and control coefficients as a function of speed and altitude. The look-up table consists of
coefficients at given altitude and velocity ranges. The size of the look-up table depends
on the range of the altitude or the velocity. The other set of data that can be used to run
the simulation is calculated from the aircraft geometric and aerodynamic characteristics.
Each set of data results in look-up tables of stability and control derivatives. The look-up
tables of the derivatives formed are interpolated to determine the derivatives at the
desired altitude and speed. The interpolating program has been written in ‘C’
programming language and is included in appendix A. The simulation is performed using
SIMULINK. The SIMULINK model utilizes an S-Function block [Ref. 2, 8] that works
as the built-in state-space block and calculates the output using A, B, C, and D matrices.
For the purpose of the present thesis, C matrix is taken as an identity matrix of the size of
the A matrix. The S-Function also performs the required interpolation and gives the

different outputs at each time step of simulation. Each output belongs to a different
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altitude and/or speed. Supporting data files are written in MATLAB as M-files. The S-
Function is written in ‘C’ programming language and compiled using the Mex facility in
MATLAB. The SIMULINK model is shown in Appendix B.

To start the simulation, an initial speed and altitude are defined by the engineers
and are fed to the model using the mask facility in SIMULINK [Ref. 2]. Due to the pilot
input (elevator, rudder, aileron, or throttle deflection), the altitude and/or the speed will
change. Changes in speed and/or altitude are fedback to the model. The S-function
calculates the new speed and altitude and performs the required interpolation to find the
derivatives at the new speed and the altitude. The response of the aircraft varies
accordingly. Simulation of the aircraft motion can be observed in the scope plots and
animation picture. The plots show the dynamic behaviors of the aircraft at each
simulation step. The dynamic behavior displayed in the plots includes the behavior of the
aircraft speed, angle of attack, pitch rate, pitch angle, sideslip angle, roll rate, yaw rate
and roll angle with respect to time following a pilot input. The animated picture shows
the six-degree-of-freedom motion of the aircraft with respect to the inertial frame.

The data generated during simulation are saved in “.txt” files. The “.txt” files can
be viewed to see the variation of stability and control derivatives with altitude and speed.

A graphical user interface (GUI) [Ref. 13] has been designed in order to facilitate
the users interested in running the model. The GUI is user-interactive and has all the
information needed to run the simulation. The users have the option to use a saved data

file or to enter data of their own. The GUI figure window is as shown below.
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Figure 2: GUI for Running the Simulation



CHAPTER IV

RESULTS AND DISCUSSION

The ultimate aim of performing simulation is to view the dynamic response of
aircraft to pilot input or other inputs such as atmospheric gusts, turbulence, etc. so that the
effect of those inputs on the aircraft dynamic behavior can be determined prior to
building the actual prototype. The results obtained from simulations are of significant
importance. The satisfactory response of the aircraft on simulation implies that the
derived mathematical model is representative of the aircraft motion. Since the
mathematical model used depends on geometric and aerodynamic characteristics, a
satisfactory response of the aircraft in a validated simulation also provides a predictor of
the acceptability of airplane design. Simulation results can also be used to predict the
handling qualities of the aircraft.

The simulation results are usually shown on the scope plots or in an animation
picture, and so does the present thesis. The dynamic responses of the aircraft following a
pilot input or atmospheric disturbance includes changes in the speed of the aircraft, angle
of attack, vertical speed, pitch rate, pitch attitude, altitude, sideslip angle, roll rate, yaw
rate, and roll angle. The changes may include a combination of some or all of these
quantities, depending on the pilot input. In general, the pilot input that results in the
elevator and/or throttle deflection includes changes in the speed of the aircraft, angle of

attack, vertical speed, pitch rate, altitude, and pitch attitude of the aircraft. On the other
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hand, the pilot input resulting in aileron and/or rudder deflection amounts to the changes

in the airplane sideslip angle, roll rate, yaw rate and bank angle. However, if the

longitudinal and lateral-directional motions are coupled, deflection of either the elevator

or aileron (and /or rudder) may result in changes in all of the above quantities. The model

developed in this thesis is for uncoupled longitudinal and lateral/directional motion, and

the results shown are only for uncoupled motion. An example of coupled motion is that

of a rapidly maneuvering fighter aircraft and that of an aircraft at high angles of attack

[Ref. 14], and is beyond the scope of this thesis.

The dynamic response of aircraft to longitudinal motion is observed at some

initial speed, altitude, and elevator deflection angle. The plots of these simulations are

shown below:
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Figure 3: Aircraft Speed Response to a 1 Degree Step Input in Elevator Angle at an

Initial Speed of 400 ft/sec. and Initial Altitude of 1000ft.
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Change in Aircraft Angle of Attack vs. Time
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Figure 4: Aircraft Angle of Attack Response to a 1 Degree Step Input in Elevator Angle
at an Initial Speed of 400 ft/sec. and Initial Altitude of 1000ft.
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Change in Aircraft Pitch Rate vs. Time
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Figure 5: Aircraft Pitch Rate Response to a 1 Degree Step Input in Elevator Angle at an

Initial Speed of 400 ft/sec. and Initial Altitude of 1000ft.
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Change in Aircraft Pitch Angle vs. Time
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Figure 6: Aircraft Pitch Angle Response to a 1 Degree Step Input in Elevator Angle at an

Initial Speed of 400 ft/sec. and Initial Altitude of 1000ft.
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The plots show the effect of changing speed and altitude due to pilot input on the
dynamic behavior of the aircraft. Next, the dynamic behavior of the aircraft at different
speeds and altitudes are observed in order to prove the fact that the aircraft response at
different speed and altitude is different. A number of simulation plots are included in
Appendix B that demonstrates the effect of increasing speed and altitude on the
longitudinal dynamic stability of the aircraft. The plots included are for the responses of
the aircraft at an initial speed of 400 and 500ft/sec, initial altitude of 1000 and 10000ft
and elevator deflection angle of 1 degree.

In a similar way, the simulation is performed for the lateral-directional motion of
the aircraft. Simulation plots have been included in Appendix B that show the effect of
speed, altitude and pilot input on the lateral-directional stability of the aircraft. The plots
included are for the initial speed of 400 and 500ft/sec, initial altitude of 1000 and
10000ft, and aileron and rudder deflection angle of 5 degrees.

Since the model takes into account the changed speed and altitude due to pilot
input, the dynamic response of the aircraft will be different at each simulation time step.
The change in aircraft response is basically due to change in both the A and B matrices in
each simulation time step. The A and B matrices are composed of stability and control
derivatives. Stability and control derivatives generated at each simulation time step have
been stored in a “.txt” file. The data file shows that the stability and the control
derivatives are changing at each simulation time step. This suggests that the aircraft

response is changing with speed and altitude.



26

These results obtained from simulations are of significant importance to aircraft
control system designers. The significance of this result lies in the fact that the aircraft
handling qualities vary with the variation in the speed and altitude. Since the handling
qualities depend on the aircraft geometry, the aircraft geometry should vary with speed
and altitude. Changing geometry in flight is almost impossible in real life situations.
Also, improvement in the aircraft handling qualities requires an increase in the area of
horizontal and vertical stabilizers among other things. Increasing the area results in more
drag. The result is that the aircraft performance deteriorates. Therefore, some sort of
stability augmentation system that will enhance the aircraft handling qualities at all
altitudes and speeds could be implemented [Ref. 7, 15].

The results obtained from the simulation must be validated by some means in
order to be sure that the dynamic behavior of the aircraft as observed in the simulation
represents the true motion of the aircraft. The best way to validate the results of the above
simulation is by performing flight tests and comparing the results of the flight tests with
those obtained from the simulation. Since flight test is beyond the scope of this thesis, the
results of the simulation are compared with the results that are already known. The

Appendix B of Ref. 7 has included plots of C,, ,C,,..C;_etc. with respect to the Mach

number for the aircraft A-4D. The results from the simulation for the same aircraft were
used to obtain these plots and compared with the given plots. The following figures show
the comparison of the plots from the simulation and those from the Ref. 7. The near

similarity of the plots validates the results of the simulation. The difference in the plots is
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due to the fact that a number of geometric characteristics have been assumed for the

aircraft due to unavailability of complete set of geometric data.

Cmalpha

Cmalpha vs. Mach Number
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Figure 7: Cmalpha vs. Mach Number Plots for A-4D Aircraft
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Cmalphadot vs. Mach Number
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Figure 8: Cmalphadot vs. Mach Number Plots for A-4D Aircraft
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Figure 9: CLalpha vs. Mach Number Plots for A-4D Aircraft
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Moreover, the simulation data obtained for A-4D aircraft were used to determine

the damping and natural frequencies for different dynamic modes at an altitude of 15000
ft. and at varying mach numbers. The damping and natural frequencies thus obtained
were compared with those obtained from the data provided at the Appendix B of
Reference 7 for the same aircraft at the same combination of altitude and flight mach
numbers. The damping and natural frequencies obtained in both the cases have been
tabulated below for different dynamic modes. The tables show the similarity between the
two sets of damping and natural frequencies, thus validating the results of simulation.
Again, the slight variation in two sets of data is due to a number of assumptions in the
aircraft geometry. The frequency and damping data were generated using A matrix and
‘damp’ command in MATLAB. As mentioned previously, A matrix consists of stability
or damping derivatives. Typing ‘damp(A)’ in MATLAB command line, the damping and

natural frequencies are obtained along with the eigenvalues.

Table 1: Damping and Frequencies for Longitudinal Dynamics

Mach Short Period Short Period Phugoid Phugoid
Number Damping Freq. Damping Frequency
(rad/sec) (rad/sec)
Ref. Simulation Ref. Simulation Ref. Simulation Ref. Simulation

0.4 0.201 0.219 2.74 2.40 0.0068 | 0.0050 | 0.0973 | 0.0951

0.5 0.201 0.218 3.5 3.08 0.0016 | 0.0010 | 0.10 0.0981

0.6 0.201 0.218 4.31 3.80 0.0163 | 0.0149 | 0.105 0.103




Table 2: Damping and Frequencies for Lateral-Directional Dynamics

31

Mach Aspiral Aroll Dutch Roll Dutch Roll
Number Damping Frequency
(s s (rad/sec)
Ref. Simulation Ref. Simulation Ref. Simulation Ref. Simulation
0.4 0.261 0.27 -8.53 -7.36 0.732 0.536 0.895 | 0.842
0.5 0.235 0.253 -10.9 -9.42 0.859 0.616 0.905 0.850
0.6 0.230 0.253 -13.5 -11.6 0.993 | 0.0.708 | 0.938 | 0.874




CHAPTER 5

CONCLUSION

The objective of this study has been the development of a six-degree-of-freedom
piecewise simulation of aircraft motion to predict the longitudinal and the lateral-
directional motion of an aircraft following a pilot input. The model takes into account the
changed speed and altitude due to pilot input and is capable of simulating aircraft
response over the entire defined flight envelope. Simulation can be used to observe the
effect of changing speed and altitude on the aircraft dynamic response. This capability of
the model will facilitate the control engineers in designing autopilots and stability
augmentation systems where they can take into consideration the effect of changing
altitude and speed.

The ability to perform a simulation of aircraft motion has tremendously reduced
the time and money involved with aircraft control system design. To a great extent, this
ability has allowed control engineers to observe the dynamic response of an aircraft prior
to building the actual aircraft [Ref. 12]. However, despite many advantages, the
simulation has few limitations as well. The basis of any simulation is a mathematical
model developed from equations of motion. As described in the following paragraphs, the
mathematical model is not always an exact representation of aircraft motion. The
simulation obtained by such a model will also be inaccurate. The model developed for the

aircraft longitudinal and lateral/directional motion is not free from such inaccuracies.
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This will limit the validity of simulation. The response of aircraft observed in simulation
will seldomly be exactly the same as the response obtained from the actual aircraft. This
is due to the fact that a number of assumptions are made and the effects of a number of
parameters are neglected while developing the mathematical model. Furthermore, the
mathematical model, in most cases, is a linearized model while the actual aircraft motion
is non-linear.

The mathematical model used in the present study is in state-space form. The
model primarily consists of aircraft stability and control derivatives. The derivatives used
here are taken from the USAF DATCOM. The effects of a number of parameters are
neglected while developing the equations for these derivatives. Thus, these are
approximate equations only. The simulation of the aircraft motion that is performed using
approximate quantities will not reproduce the exact aircraft motion.

Another drawback of the mathematical model developed for this thesis is that it
does not take into consideration the atmospheric disturbances, such as gust, wind
turbulence, etc. These disturbances have considerable effects on the aircraft dynamic
response. Also, the model does not incorporate the non-linearity induced by control
surface deflection at high maneuvering flight stages.

Despite these drawbacks and inaccuracies, the simulation of the aircraft motion
still gives a valid replication of aircraft motion over the majority of the flight envelope.
The effects of non-linearity, gust, turbulence, etc. are momentary and do not have

significant effects on ordinary flight conditions provided that the gust or turbulence is
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small in magnitude. Those entities must be taken into account and control design should
have some provisions to counteract the effect.

Thus, it is clear from this study that an aircraft dynamic response is not the
same at all speeds and altitudes. The dynamic response of an aircraft that follows a pilot
input is quite non-linear. This prompts aircraft control system engineers to take into
account the effects of these non-linearity while designing a stability augmentation system

(SAS) or control augmentation system (CAS) [Ref. 15].



CHAPTER 6

RECOMMENDATIONS

The dynamic response of an aircraft following a pilot input can easily be obtained
by the simulation of the aircraft motion using computer software such as MATLAB and
SIMULINK, as is shown in the present thesis. This capability has extensively reduced the
time and money involved in airplane control system design [Ref. 12]. Control engineers
can observe the motion of a proposed aircraft using design specifications prior to building
the actual aircraft. This has eliminated the need for building an actual aircraft and
performing flight tests to see if the performance is satisfactory. However, further research
must be carried out in order to fully validate the results of this simulation.

Firstly, the mathematical model that is used in simulation does not always
represent the true aircraft motion. This is partly due to many assumptions made during
the formulation of the model and partly due to the use of linearized equations instead of
otherwise non-linear equations of motion. This thesis was an attempt to reduce the error
in aircraft simulation due the linearization of equations of motion. The only way to make
the model more representative of the true aircraft motion is to conduct more research and
to avoid the assumptions and approximations as far as possible.

Secondly, the mathematical model developed for the simulation of aircraft motion
does not always include the effect of atmospheric disturbances, such as gust, turbulence,

etc., neither does the present model. The result is that the simulation does not always
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represent the true motion of the aircraft. The simulation could be better than the actual
aircraft response at one time, while it could be worse at another time. Therefore, it is
necessary to take the effect of atmospheric disturbances into consideration.

Thirdly, aeroelasticity plays a significant role in the performance and dynamic
behavior of aircraft. Though we have considered aircraft as rigid body while deriving
equation of motion, the modern airplanes show structural flexibility. The flight loads
cause structural deformation of the aircraft that will affect dynamic behavior of the
aircraft. In order to obtain true representation of aircraft motion, structural flexibility
must be taken into account while deriving equations of motion [Ref. 16, 17].

Last but not least, though the flight test is beyond the scope of this thesis, the best
method to validate the results of simulation is to conduct a flight test [Ref. 12]. The data
obtained from the flight test can then be used to compare the results from simulation.

Similarity or near similarity of the two data will validate the simulation results.
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FILE NAME: data.m

AIRCRAFT GEOMETRIC AND MASS CHARACTERISTICS

%Aircraft geometric characteristics

40

0
° %Aircraft Configuration

0

S/lol =48.85; %Horizontal tail area (ft*2)

Sv =150; %Vertical tail area (ft"2)

St=100; %Fuselage area (ft"2)

Se =25; %Elevator area (ft"2)

Cr=15.5; %Wing root chord (ft)

Ct=3.85; %Wing tip chord (ft)

b =46; %Wing span (ft)

b h=10; %Horizontal tail span (ft)

b v=15; %Vertical tail span (ft)

If =44 .4; %Fuselage length (ft)

lcg = 10; %Distance from nose to the center of gravity (ft)
hl =10; %Fuselage height at 0.25*1f (ft)

h2 = 3; %Fuselage height at 0.75*1f (ft)

h=12; %Fuselage average height (ft)

Sfs =5; %Fuselage projected side area (ft*2)

Wt=S§; %Maximum fuselage width (ft)

KN =0.0002*57.3;  %Empirical factor related to the sideslip derivative for fuselage
%and fuselage-wing interference (per radian)



lh=75;
Iv=20;

Zv =17,

yl =20;

y2 = 26;

7w = -2;
d=17,

P Xcg=0.25;
P_Xac =0.40;
e= 0.85;

W =17518;
Ix =8090;

Iy =25900;
1z =29200;
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%Distance from a/c center of gravity
%to the horizontal tail quarter chord (ft)

%Distance from a/c center of gravity
%to the vertical tail aerodynamic center (ft)

%Distance from center of pressure of vertical

%itail to fuselage center line (ft)

%Distance of inboard aileron edge from the wing root (ft)
%Distance of outboard aileron edge from the wing root (ft)

%Distance, parallel to the z axis, from wing root quarter
%chord to fuselage centerline (ft)

%Maximum fuselage depth or diameter (ft)
%Distance from wing leading edge to
%center of gravity in percentage of chord
%Distance from wing leading edge to
%aerodynamic center in percentage chord
%O0Oswald's span efficiency factor

%Weight of the aircraft (Ib)
%Moment of inertia about x axis (slug ft"2)

%Moment of inertia about y axis (slug {t"2)

%Moment of inertia about z axis (slug ft*2)

GAMMA = 13.5/57.3; %Wing dihedral angle in radian

LAMBDA = 33/57.3;

%Wing quarter chord sweep angle in radian
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0
° % Atmospheric Constants
0

z(.;::mmal =1.4; %Ratio of Specific Heats
R=1718; %G@Gas constant (ft"2/(s"2 deg R))
rho0 = .002378; %Density at sea level (slug/ft"3)
TO = 500; %Sea level temperature (deg R)
LR =-0.003333; %Lapse rate [deg R/ft)

mu0 = 3.737*10"-7,; %Absolute Viscosity (Ib s/ft*2)

0
° %Other useful constants
0
gAJ =32.2; %Acceleration due to gravity (ft/s"2)
%
%Desired Height and Velocity
0
h/;z[O 35000]; %Desired Altitude range (ft)
T =TO0 + LR*hl; %Temperatures at the desired altitudes

al = sqrt(gammal *R*T); %Speeds of sound at the desired altitudes
U =[.4*al(1) 0.8*al(2)]; %Desired velocity range (ft/s)
n = length(U); %Length of velocity vector

1 = length(h1); %Length of altitude vector



FILE NAME: AB_Matrix.m
CALCULATION OF STABILITY AND CONTROL DERIVATIVES

%Clear screen
cle

%Clear workspace
clear all

% Use data file for the a/c geometric and mass characteristic
data;

% Atmospheric temperature in the desired altitudes (deg R)
fori=1:1

T(i) = TO + LR*h1(i);
end

%Density of air at the desired altitudes (slug/ft*3)
fori=1:1

rho(i) = rho0*(T(1)/T0).~-(1+g/(R*LR));
end

%Viscosity of the air at desired altitudes (Ib s/ft*2)
mu = (T/T0).73/4*mu0;

%eta for the calculation of K(Empirical Factor for Cndeltaa Estimation)
etaw = y1/(b/2);

%Wing Taper Ratio
lambda = Ct/Cr;

%Mean Aerodynamic Chord
cbar = 2/3*Cr*(( 1 + lambda + lambda”2)/( 1 + lambda));

%Distance from wing leading edge to center of gravity (ft)
Xcg =P Xcg*cbar;

%Distance from wing leading edge to aerodynamic center (ft)
Xac =P_Xac*cbar;

%Wing panform area
S =b*cbar;
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%Wing aspect ratio
A R =Db*b/S;

%Horizontal Tail Aspect Ratio
ARh=b_h*b h/Sh;

%Horizontal Tail Aspect Ratio
ARv=b v*b v/Sv;

%Control surface area/lifting surface area
a= Se/Sh;

%Flap effictiveness parameter
tau = feval(@taul,a);

%M ass of the aircraft (slugs)
m = W/g;

%Lift coefficient at low speed
CL0=0.201;

%Contribution of fuselage to pitching moment (1/rad)
CLalphab = 2*(1-1.76*(1f/d)"(-3/2));

CLalphaf = CLalphab*S{/S;

Cmalphafus = CLalphaf*lcg/cbar;

%Change in rolling moment due to side slip (1/rad)
deltaClbeta = 0;

%Flight dynamic pressure (1b/ft"2)

fori=1:mn
forj=1:1
Q(i,)) = 1/2*rho(j)*U(1)"2;
end
end
%Reynold's Number
fori=1:n
forj=1:1
Re(i,j) = tho(j)*U(i)*cbar/mu(j);
end

end
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%Fuselage Reynold's Number

fori=1:n
forj=1:1
Ref(i,j) = rho(§)*U(@)*1f/mu(j);
end
end

%Parasite drag coefficient

if Re <5*10"5
Cf=2%(1.328./(Re)."/2);

elseif Re > 5*10"5
Cf=((2)*0.074./(Re)."0.2);

end

%Drag coefficient at zero lift angle of attack
CDO0 = 1.2*Cf;

%Flight mach number
M = U./sqrt(gammal *R*T);
Beta = sqrt(1-M."2);

%Change of drag coefficient with forward speed
fori=1:n
forj=1:1
CDu(i,j) = CDO(1,))*M@1)"2/((1-M(1)"2));
end
end

%Change of thrust with forward speed
CTu=0; %CTu = -CDo for variable pitch propeller
%piston engine power plant

%Contribution of fuselage and wing to yawing moment due to sideslip (1/rad)
KRI = feval(@krl,Ref); %Eftect of Fuselage Reynold's number on Cnbetawf
Cnbetawf = -KN*KRI1*Sfs/S*1{/b;

% Horizontal tail volume ratio
Vh = 1h*Sh/(S*cbar);

% Veritcal tail volume ratio
Vv = Iv¥Sv/(S*b);

%Lift Coefficient
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CL = W./(Q*S);

%Downwash angle
epsilon = 2*CL/(pi*A_R);

%Dynamic Pressure at the Horizontal Tail (Ib/{t"2)
Qh = Q.*cos(epsilon);

%Efficiency factor of the horizontal tail
etah = Qh./Q;

%Efticiency factor of the vertical tail
etav = etah;

%Wing Lift Curve Slope
Clalphaw = 2*pi*A R./(2 + sqrt(4 + A_R"2*Beta.”2.*(1 + tan(LAMBDA)"2./Beta.*2)));

%Horizontal Tail Lift Curve Slope
CLalphah = 2*pi*ARh./(2 + sqrt(4 + ARh"2*Beta."2));

%Vertical Tail Lift Curve Slope
CLalphav = 2*pi*ARv./(2 + sqrt(4 + ARv*2*Beta.”2));

%Change in downwash due to change in angle of attack.
depsilon_dalpha= 2*CLalphaw/(pi*A_R);

%Airplant Lift Curve Slope
CLalpha = CLalphaw + CLalphah*etah*Sh/Sv.*(1-depsilon dalpha);

%Variation of Airplane Drag Coefficient with angle of attack
fori=1:1
forj=1l:n
CDalpha(i,j) = 2*CL(i,j)*CLalpha(i)/(pi*A_R*e);
end
end

%Pitching moment coefficient for the tail
fori=1:1
forj=1l:n
Cmalphat(i,j) = -etah(i,j))*Vh*CLalphah(i)*(1-depsilon_dalpha(i));
end
end



%Elevator effectiveness
dCLt ddeltae = CLalphah*tau;

%Change in lift due to change in elevator deflection angle
fori=1:1
forj=1mn
CLdeltae(i,j) = (Sh/S)*etah(i,j)*(dCLt_ddeltae(1));
end
end

%Elevator control power
fori=1:1
forj=1:n
Cmdeltae(i,j) = -Vh*etah(i,j)*CLalphah(i)*tau;
end
end

%Change in sidewash due to change in the sideslip angle
dsigma_dbeta =
(1./etav*(0.724 + 3.06*Sv/(S*(1 + cos(LAMBDA))) + 0.4*Zw/d + .009*A_R))-1;

%Contribution of vertical tail to directional stability
fori=1:1
forj=1mn
Cnbetav(i,j) = etav(i,j)*Vv*CLalphav(i)*(1 + dsigma_dbeta(i,j));
end
end

%Rudder control effectiveness

fori=1:1
forj=1mn
Cndeltar(i,j) = -etav(i,j)*Vv*CLalphav(i)*tau;
end

end

% Variation of side force coefficient due to tail with sideslip angle
fori=1:1

forj=1l:n
Cybtail(i,j) = -CLalphav(i)*Sv/S*etav(i,));
end
end

%Aileron control power
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Cldeltaa =
2*CLalphaw*tau/(S*b)*Cr*(y2"2/2 - y1°2/2 + ((lambda - 1)/(b/2))*(y2"3/3 - y1°3/3));

%Trim angle of attack
fori=1:1
forj=1mn
alpha_trim(i,j) = W/(Q(i,j)*S*CLalphaw(i));
end
end

%Contribution of wing to longitudinal stability of the aircraft
Cmalphaw = CLalphaw*(Xcg/cbar - Xac/cbar);

%Empirical factor for Cndeltaa estimation
K = feval(@kl,etaw,A R);

%Tip shape and aspect ratio effect on Clbeta
Clbeta. GAMMA = feval(@clbeta gamma,A R,lambda)*57.3*57.3;

%
% Equations for Estimating Longitudinal Stability Coefficients
%

%
%X-force coefficients
%
%Change in X-force with change in forward speed
Cxu =-[CDu + 2*CD0] + CTu;

%Change in X-force with change in angle of attack
Cxalpha = CLO -(2*CL0*CLalphaw)/(pi*e*A_R);

%Change in X-force with time rate of change of angle of attack
Cxalphadot = 0;

%Change in X-force with change in pitch rate
Cxq =0;

%Change in X-force with change in elevator deflection angle
Cxdeltae = 0;



%
%Z-force coefficients
%

%Change in Z-force with change in forward speed
Czu = -(M.2)./(1-M.~2)*CLO - 2*CLO;

%Change in Z-force with change in angle of attack
fori=1:1
forj=1mn
Czalpha(i,j) = -(CLalphaw(i) + CDO0(i,}));
end
end
%Change in Z-force with time rate of change of angle of attack
fori=1:1
forj=1mn
Czalphadot(i,j) = -2*etah(i,j)*CLalphah(i)*Vh.*depsilon_dalpha(i);
end
end

%Change in Z-force with change in pitching velocity
fori=1:1
forj=1l:n
Czq(i,j) = -2*etah(i,j)*CLalphah(i)*Vh;
end
end

%Change in Z-force with change in elevator deflection angle
Czdeltae = -CLdeltae;

%
%Pitching Moment coefficients
%

%Change in pitching moment with change in forward speed
Cmu=0; %Cmu = dCm/dM*M0, is zero for low speed aircraft

%Change in pitching moment with change in angle of attack
fori=1:1
forj=1mn
Cmalpha(i,j)=CLalphaw(i)*(Xcg/cbarXac/cbar)+
Cmalphafusetah(i,j)*Vh*CLalphah(i)*(1- depsilon_dalpha(i));

49



end
end

%Change in pitching moment with time rate of change of angle of attack
fori=1:1
forj=1mn
Cmalphadot(i,j) = -2*etah(i,j)*CLalphah(i)*Vh*1h/cbar.*depsilon_dalpha(i);
end
end

%Change in pitching moment with change in pitching velocity
fori=1:1

forj=1l:n
Cmq(i,j) = -2*etah(i,j)*CLalphah(i)*Vh*Ih/cbar;
end
end

%Elevator control power
fori=1:1
forj=1mn
Cmdeltae(i,j) = -etah(i,j)*Vh*dCLt_ddeltae(i);
end
end
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%
% Equations for Estimating Lateral Stability Coefficients

%

%
%Y -Force coefficients
%

%Change in Y-force with change in side slip angle
fori=1:1
forj=1:mn
Cybeta(i,)) = -etav(i,j)*Sv/S*CLalphav(i)*(1 + dsigma_dbeta(i));
end
end

%Change in Y-force with change in roll rate
Cyp = CL*(A_R + cos(LAMBDA))/(A_R + 4*cos(LAMBDA))*tan(LAMBDA);

%Change in Y-force with change in yaw rate
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Cyr = -2*Iv/b*Cybtail;

%Change in Y-force with change in aileron deflection angle
Cydeltaa = 0;

%Change in Y-force with change in rudder deflection angle
Cydeltar = Sv/S*tau*CLalphav;

%
% Rolling Moment coefficients
%

%Change in rolling moment with change in side slip angle
Clbeta = (Clbeta. GAMMA)*GAMMA + deltaClbeta;

%Change in rolling moment with change in roll rate
Clp = -CLalphaw/12*(1 + 3*lambda)/(1 + lambda);

%Change in rolling moment with change in yaw rate
fori=1:1
forj=1l:n
Clr(i,j) = CL(i,j))/4 - 2*lv/b*Zv/b*Cybtail(i);
end
end

%Change in rolling moment with change in aileron deflection angle
Cldeltaa = 2*CLalphaw*tau/(S*b)*Cr*(1/2*(y2"2-y1°2)+((lambda-1)/(b/2))*1/3*(y2"3-
y173));

%Change in rolling moment with change in rudder deflection angle
Cldeltar = Sv/S*Zv/b*tau*CLalphaw;

%
%Yawing Moment coefficients
%

%Change in yawing moment with change in side slip angle
fori=1:1
forj=1:mn
Cnbeta(i,j) = Cnbetawf(i,j) + etav(i,j)*Vv*CLalphav(i)*(1 + dsigma_dbeta(i));
end
end
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%Change in yawing moment with change in roll rate
Cnp =-CL/S;

%Change in yawing moment with change in yaw rate
fori=1:1
forj=1mn
Cnr(i,j) = -2*etav(i,))*Vv*lv/b*CLalphav(i);
end
end

%Change in yawing moment with change in aileron deflection angle
Cndeltaa = 2*K*CLO0*Cldeltaa;

%Change in yawing moment with change in rudder deflection angle
fori=1:1
forj=1mn
Cndeltar(i,j) = -Vv*etav(i,j)*tau*CLalphav(i);
end
end

%
% Equations for longitudinal stability derivatives
%

%
% X-force Derivatives
%
fori=1:n
forj=1:1
Xu(i) = -(CDu(i,) +2*CD0(i,j))*Q(1.j)*S/(m*U(i));
Xalpha(i,j) = -(CDalpha(i,j)-CL0)*Q(i,j)*S/m,;
Xdeltae(i,j) = 0;
Xw(i,j) = -(CDalpha(i,j) -CL0)*Q(i,))*S/(m*U(1));
end
end

%
%Z-force Derivatives
%
fori=1:n
forj=1:1
Zu(i,j) = Czu(1)*Q(1i))*S/(m*U(1));
Zq(i,)) = Czq(i,))*cbar/(2*U(1))*Q(1,))*S/m;




Zdeltae(i,j) = Czdeltae(i,j)*Q(i,))*S/m;
Zw(i,j) = -(CLalphaw(i) + CDO0(i,j))*Q(i,))*S/(m*U(1));
Zalpha(i,j) = -(CLalphaw(i) + CD0(1,j))*Q(i,j)*S/m;
Zwdot(i,j)= Czalphadot(i,j)*cbar/(2*U(1))*Q(i,))*S/(U(1)*m);
Zalphadot(i,j) = Czalphadot(i,j)*cbar/(2*U(1))*Q(1,j) *S/m;
end
end

%
%Pitching moment Derivatives
%
fori=1:mn
forj=1:1

Mu(i,j)= Cmu*(1/U(1))*Q(i,j) *S*cbar/ly;

Mw(i,j) = Cmalpha(i,j)*Q(i,j)*S*cbar/(U(1)*1y);

Malpha(i,j) = Cmalpha(i,j)*Q(1,j)*S*cbar/ly;

Mwdot(i,j) = Cmalphadot(i,j)*cbar/(2*U(1))*Q(i,)) *S*cbar/(U(1)*Ly);

Malphadot(i,j) = Cmalphadot(i,j)*cbar/(2*U(1))*Q(1,j)*S*cbar/ly;

Mq(i,j) = Cmq(i,j)*cbar/(2*U(1))*Q(i,j)*S*cbar/ly;

Mdeltae(i,j) = Cmdeltae(i,))*Q(1,j)*S*cbar/ly;
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end
end
%
% Equations for lateral/directional stability derivatives
%
%
%Y -force Derivatives
%
fori=1:mn
forj=1:1

Yhbeta(i,j) = Q(1,j)*S*Cybeta(i,j)/m;
Yp(ij) = Qi) *S*b*Cyp(i)/(2*U()*m);
Yr(ij) = Qi) *S*b*Cyr(i,j)/(2*m*U(0));
Ydeltaa(i,j) = Q(i,j)*S*Cydeltaa/m;
Ydeltar(i,j) = Q(i,j)*S*Cydeltar(i)/m;
end
end



%
%Yawing moment Derivatives
%
fori=1:mn
forj=1:1
Nbeta(i,j) = Q(i,j)*S*b*Cnbeta(i,j)/Iz;
Np(i,j) = Q(i,))*S*b"2*Cnp(i,j)/(2*1z*U(i));
Nr(i,)) = Q(1,))*S*b"2*Cnr(i,))/(2*1z*U(1));
Ndeltaa(i,j) = Q(1,))*S*b*Cndeltaa(i)/lIz;
Ndeltar(i,j) = Q(i,j)*S*b*Cndeltar(i,j)/1z;
end
end

%
%Rolling moment Derivatives
%
fori=l:n
forj=1:1
Lbeta(i,j) = Q(i,j)*S*b*Clbeta/Ix;
Lp(i,j) = Q1)) *S*b"2*Clp(1)/(2*Ix*U(1));
Lr(i,j) = Q(1,))*S*b"2*Clr(i,j)/(2*Ix*U(1));
Ldeltaa(i,j) = Q(i,j)*S*b*Cldeltaa(i)/Ix;
Ldeltar(i,)) = Q(1,j))*S*b*Cldeltar(i)/Ix;
end
end
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FILE NAME: intpl.c
FUNCTION TO INTERPOLATE THE STABILITY DERIVATIVES

static real T intpl(real T v1[], real T hl[], real T deriv[],real T v[], real T h[], real T
y[],int_T xIndexLen,int T yIndexLen)
{

real T x0, y0;

real T xLo, xHi, yLo, yHi;

real T zxLoyLo, zxLoyHi, zxHiyLo, zxHiyHi;

real T xRatio, zxOyLo, zxOyHi;

int T 1, xPtrLo, xPtrHi, yPtrLo, yPtrHi;

/* Perform the desired 2-D table lookup */
x0 = *v;
for (i=0; (i < xIndexLen) && (v1[i] < x0); i++) {

b

}
if ((i == xIndexLen) && (xIndexLen != 1)) {

xPtrLo = xIndexLen - 2;
xPtrHi = xIndexLen - 1;
} else if (1 == 0) && (xIndexLen != 1)) {
xPtrLo = 0;
xPtrHi = 1;
} else if (xIndexLen==1) {
xPtrLo = 0;
xPtrHi = 0;
} else {
xPtrLo=1-1;
xPtrHi = i;
§
xLo = vI[xPtrLo];
xHi = v1[xPtrHi];

/* Now repeat the process for yIndex */
y0 = *h;
for (i=0; (i <yIndexLen) && (h1[i] < y0); i++) {

>

}
if ((1 == yIndexLen) && (yIndexLen != 1)) {

yPtrLo = yIndexLen - 2;
yPtrHi = yIndexLen - 1;

} else if (1 == 0) && (yIndexLen != 1)) {
yPtrLo = 0;
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yPtrHi = 1;
} else if (yIndexLen == 1) {
yPtrLo = 0;
yPtrHi = 0;
} else {
yPtrLo=1-1;
yPtrHi = i;

}

yLo = hl[yPtrLo];
yHi = h1[yPtrHi];

/* Find the z values on the table that bracket (x0,y0) */
zxLoyLo = deriv[xPtrLo + yPtrLo*xIndexLen];
zxLoyHi = deriv[xPtrLo + yPtrHi*xIndexLen];
zxHiyLo = deriv[xPtrHi + yPtrLo*xIndexLen];
zxHiyHi = deriv[xPtrHi + yPtrHi*xIndexLen];

/*

* Now interpolate to find the desired answer

* First the intermediate step at "yLo"

* Calculate xRatio only once, as it is used twice below.

* Avoid divide by zero caused by scalar case of xIndex

*/

if (xHi-xLo !=0) {

xRatio = (x0-xLo)/(xHi-xLo);
} else {
xRatio = (x0-xLo);

}
zx0OyLo = xRatio*(zxHiyLo-zxLoyLo) + zxLoyLo;

/* then the intermediate value at "yHi" */
zx0OyHi = xRatio*(zxHiyHi-zxLoyHi) + zxLoyHi;

/*

* Finally, interpolate to find the value at (x0,y0)

* Where y[0] = zx0y0, the desired interpolated value .

* Avoid divide by zero caused by scalar indices

*/
if (yHi-yLo !=0) {

y[0] = (y0-yLo)/(yHi-yLo)*(zx0yHi-zx0yLo) + zx0OyLo;

} else {

y[0] = (y0-yLo) * (zxOyHi-zx0yLo) + zx0OyLo;

}

}
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FILE NAME: sfun_stspace.c
C-MEX S-FUNCTION THAT WORKS AS BUILT IN STATE-SPACE BLOCK AND
ALSO DOES THE REQUIRED INTERPOLATION

/* File :sfun_stspace.c
* Abstract:
*

Example mex file S-function for state-space system.

Implements a set of state-space equations.
You can turn this into a new block by using the
S-function block and Mask facility.

%
%

%k

%

%

%

*  This example MEX-file performs the same function
*  as the built-in State-space block. This is an

*  example of a MEX-file where the number of inputs,
*  outputs, and states is dependent on the parameters

*  passed in from the workspace.

%

%k

%

%k

Syntax [sys, x0] = stspace(t,x,u,flag,A,B,C,D,X0)

For more details about S-functions, see simulink/src/sfuntmpl_doc.c
*
* Copyright 1990-2000 The MathWorks, Inc.
* $Revision: 1.8 $
*/
#define S FUNCTION NAME sfun_stspace
#define S FUNCTION LEVEL 2
#include "simstruc.h"
#include "math.h"
#include "intpl.c" //Interpolating code
#define U(element) (*uPtrs[element]) /* Pointer to Input Port0 */
static real T C[8][8]={ { 1.0,0.0,0.0,0.0,0.0,0.0,0.0,0.0},// Initialization of output matrix
{0.0,1.0,0.0,0.0,0.0,0.0,0.0,0.0},
{0.0,0.0,1.0,0.0,0.0,0.0,0.0,0.0},
{0.0,0.0,0.0,1.0,0.0,0.0,0.0,0.0},
{0.0,0.0,0.0,0.0,1.0,0.0,0.0,0.0},
{0.0,0.0,0.0,0.0,0.0,1.0,0.0,0.0},
{0.0,0.0,0.0,0.0,0.0,0.0,1.0,0.0},
{0.0,0.0,0.0,0.0,0.0,0.0,0.0,1.0}
}5



58

real T A[8][8]={0.0};
real T B[8][4]={0.0};

#define Xu IDX 0
#define Xu PARAM(S) ssGetSFenParam(S, Xu IDX)

#define Xw_IDX 1
#define Xw_PARAM(S) ssGetSFcnParam(S, Xw_IDX)

#define Zu IDX 2

#define Zu PARAM(S) ssGetSFcnParam(S, Zu IDX)
#define Zw _1IDX 3

#define Zw_PARAM(S) ssGetSFcnParam(S, Zw_1DX)

#define Mu_IDX 4
#define Mu PARAM(S) ssGetSFcnParam(S, Mu IDX)

#define Mw _IDX 5
#define Mw_PARAM(S) ssGetSFcnParam(S, Mw_1DX)

#define Mwdot IDX 6
#define Mwdot PARAM(S) ssGetSFcnParam(S, Mwdot IDX)

#define Mq IDX 7
#define Mq_ PARAM(S) ssGetSFcnParam(S, Mq_IDX)

#define Xdeltae IDX 8
#define Xdeltae PARAM(S) ssGetSFenParam(S, Xdeltae IDX)

#define Zdeltae IDX 9
#define Zdeltae PARAM(S) ssGetSFcnParam(S, Zdeltae IDX)

#define Mdeltae IDX 10
#Define Mdeltae PARAM(S) ssGetSFcnParam(S, Mdeltae IDX)

#define Ybeta IDX 11
#define Ybeta PARAM(S) ssGetSFcnParam(S, Ybeta 1DX)

#define Yp _IDX 12
#define Yp PARAM(S) ssGetSFenParam(S, Yp IDX)

#define Nbeta IDX 13
#define Nbeta PARAM(S) ssGetSFcnParam(S, Nbeta 1DX)
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#define Np IDX 14
#define Np PARAM(S) ssGetSFenParam(S, Np IDX)

#define Nr_IDX 15
#define Nr PARAM(S) ssGetSFcnParam(S, Nr_IDX)

#define Lbeta IDX 16
#define Lbeta PARAM(S) ssGetSFcnParam(S, Lbeta IDX)

#define Lp IDX 17
#define Lp PARAM(S) ssGetSFcnParam(S, Lp IDX)

#define Lr IDX 18
#define Lt PARAM(S) ssGetSFcnParam(S, Lr IDX)

#define Ydeltar IDX 19
#define Ydeltar PARAM(S) ssGetSFcenParam(S, Ydeltar IDX)

#define Ndeltaa IDX 20
#define Ndeltaa PARAM(S) ssGetSFenParam(S, Ndeltaa IDX)

#define Ndeltar IDX 21
#define Ndeltar PARAM(S) ssGetSFcenParam(S, Ndeltar IDX)

#define Ldeltaa IDX 22
#define Ldeltaa PARAM(S) ssGetSFcnParam(S, Ldeltaa IDX)

#define Ldeltar IDX 23
#define Ldeltar PARAM(S) ssGetSFcenParam(S, Ldeltar 1DX)

#define G_IDX 24
#define G PARAM(S) ssGetSFcnParam(S, G_1DX)

#define H1 _IDX 25
#define HI_PARAM(S) ssGetSFenParam(S, H1 _IDX)

#define V1_IDX 26
#define V1I_PARAM(S) ssGetSFenParam(S, V1 _IDX)

#define H IDX 27
#define H PARAM(S) ssGetSFcnParam(S, H IDX)



#define V_IDX 28
#define V.PARAM(S) ssGetSFcnParam(S, V_1DX)

#define ALPHATRIM IDX 29
#define ALPHATRIM PARAM(S) ssGetSFenParam(S, ALPHATRIM_IDX)

#define NPARAMS 30

/* Initialization of the stability derivatives */
real T Xu[] = {0.0};
real T Xdeltae[] = {0.0};
real T Xw[]= {0.0};
real T Zu[] = {0.0};
real T Zdeltae[] = {0.0};
real T Zw[]= {0.0};
real T Mu[] = {0.0};
real T Mw([] = {0.0};
real T Mwdot[] = {0.0};
real T Mq[]={0.0};
real T Mdeltae[] = {0.0};
real T Ybeta[] = {0.0};
real T Yp[]= {0.0};
real T Yr[]= {0.0};
real T Ydeltaa[] = {0.0};
real T Ydeltar[] = {0.0};
real T Nbeta[] = {0.0};
real T Np[] = {0.0};
real T Nr[]= {0.0};
real T Ndeltaa[] = {0.0};
real T Ndeltar[] = {0.0};
real T Lbeta[] = {0.0};
real T Lp[]= {0.0};
real T Lr[] = {0.0};
real T Ldeltaa[] = {0.0};
real T Ldeltar[] = {0.0};
real T alpha trim[] = {0.0};
FILE *fpl;

FILE *p2;

/* b

* S-function methods *
% */




#define MDL CHECK PARAMETERS
#if defined(MDL CHECK PARAMETERS) && defined( MATLAB_MEX FILE)
/* Function: mdlCheckParameters

* Abstract:

*  Validate our parameters to verify they are okay.
*/

static void mdlCheckParameters(SimStruct *S)

{

b
#endif /* MDL CHECK PARAMETERS */

/* Function: mdllnitializeSizes

* Abstract:

*  The sizes information is used by Simulink to determine the S-function
*  block's characteristics (number of inputs, outputs, states, etc.).

*/

static void mdlInitializeSizes(SimStruct *S)

{
ssSetNumSFcnParams(S, NPARAMS); /* Number of expected parameters */
#if defined(MATLAB_MEX FILE)
if (ssGetNumSFcnParams(S) == ssGetSFcnParamsCount(S)) {
mdICheckParameters(S);
if (ssGetErrorStatus(S) != NULL) {
return;
}
} else {
return; /* Parameter mismatch will be reported by Simulink */
}
#endif
ssSetNumContStates(S, 8);
ssSetNumDiscStates(S, 0);
if (!ssSetNumlInputPorts(S, 1)) return;
ssSetIlnputPortWidth(S, 0, 6);
ssSetlnputPortDirectFeed Through(S, 0, 0);
if (!ssSetNumOutputPorts(S, 1)) return;
ssSetOutputPortWidth(S, 0, 8);
ssSetNumSampleTimes(S, 1);

ssSetNumRWork(S, 0);
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ssSetNumIWork(S, 0);

ssSetNumPWork(S, 0);

ssSetNumModes(S, 0);

ssSetNumNonsampledZCs(S, 0);

/* Take care when specifying exception free code - see sfuntmpl_doc.c */
ssSetOptions(S, SS_ OPTION_EXCEPTION FREE CODE);

}

/* Function: mdlInitializeSampleTimes

* Abstract:
*  S-function is comprised of only continuous sample time elements
*/
static void mdlInitializeSampleTimes(SimStruct *S)
{
ssSetSampleTime(S, 0, CONTINUOUS SAMPLE TIME);
ssSetOffsetTime(S, 0, 0.0);

}

#define MDL INITIALIZE CONDITIONS
/* Function: mdllnitializeConditions

* Abstract:
*  If the initial condition parameter (X0) is not an empty matrix,
* then use it to set up the initial conditions, otherwise,
* get the intial conditions to all 0.0
*/
static void mdlInitializeConditions(SimStruct *S)
{

real T *x0 = ssGetContStates(S);

int T i

for 1=0;1<8;1++) {
*x0++=0.0;

}

#define MDL START /* Change to #undef to remove function */
#if defined(MDL_START)
/* Function: mdlStart

* Abstract:



63

*  This function is called once at start of model execution. If you
have states that should be initialized once, this is the place

* todoit.
*/

static void mdlStart(SimStruct *S)

{

/I Specify the files to store the simulation data
fpl = fopen("A_ B Matrix.txt", "w");
fp2 = fopen("Init_Speed.mat", "w");

}

#endif /* MDL START */

/* Function: mdlOutputs

* Abstract:
* y=Cx+Du
*/
static void mdlOutputs(SimStruct *S, int_T tid)
{
real T *y  =ssGetOutputPortRealSignal(S,0);
real T *x = ssGetContStates(S);
InputRealPtrsType uPtrs = ssGetlnputPortRealSignalPtrs(S,0);
int Ti;

UNUSED_ARG(tid); /* not used in single tasking mode */
for(i=0;1<8;i++)

{

y[II=CL][0]*x[0+CLI[11*x[1+C[i][2]*x[2]+C[i][3]*x[3 [+ C[i][4]*x[4]+C[i][5]*
X[SI+CL][6]*x[6 +Ci[7]*X[7];

#define MDL DERIVATIVES
/* Function: mdlDerivatives

* Abstract:

*  xdot=Ax+ Bu

*/

static void mdlDerivatives(SimStruct *S)

{
real T *dx = ssGetdX(S);



real T *x = ssGetContStates(S);
InputRealPtrsType uPtrs = ssGetlnputPortRealSignalPtrs(S,0);
real T *h =mxGetPr(H PARAM(S));

real T *U0 =mxGetPr(V_PARAM(S));
real T *hl =mxGetPr(H1 PARAM(S));
real T *Ul =mxGetPr(V1 PARAM(S));
real T *Xul = mxGetPr(Xu PARAM(S));

real T *Xw1 = mxGetPr(Xw_PARAM(S));

real T *Zul = mxGetPr(Zu PARAM(S));

real T *Zwl = mxGetPr(Zw_PARAM(S));

real T *Mul = mxGetPr(Mu_PARAM(YS));

real T *Mw1 = mxGetPr(Mw_PARAM(S));

real T *Mwdot]l = mxGetPr(Mwdot PARAM(S));
real T *Mql = mxGetPr(Mq PARAM(S));

real T *Xdeltael = mxGetPr(Xdeltae PARAM(S));
real T *Zdeltael = mxGetPr(Zdeltae PARAM(S));
real T *Mdeltacl = mxGetPr(Mdeltae PARAM(YS));
real T *Ybetal = mxGetPr(Ybeta PARAM(S));
real T *Ypl = mxGetPr(Yp PARAM(S));

real T *Nbetal = mxGetPr(Nbeta PARAM(S));
real T *Npl = mxGetPr(Np PARAM(S));

real T *Nrl = mxGetPr(Nr PARAM(S));

real T *Lbetal = mxGetPr(Lbeta PARAM(YS));
real T *Lpl = mxGetPr(Lp PARAM(S));

real T *Lrl = mxGetPr(Lr PARAM(S));

real T *Ydeltarl = mxGetPr(Ydeltar PARAM(YS));
real T *Ndeltaal = mxGetPr(Ndeltaa PARAM(S));
real T *Ndeltarl = mxGetPr(Ndeltar PARAM(YS));
real T *Ldeltaal = mxGetPr(Ldeltaa PARAM(YS));
real T *Ldeltar]l = mxGetPr(Ldeltar PARAM(S));
real T *alpha triml = mxGetPr(ALPHATRIM_PARAM(S));
real T *g=mxGetPr(G_PARAM(S));

#define NUMEL(m) mxGetM(m)*mxGetN(m)
int. T m=NUMEL(V1_PARAM(S));

int Tn=NUMEL(HI PARAM(S));

#undef NUMEL

int Ti;
/* Use the code ‘intpl.c’ to interpolate the derivatives */

intpl(U1,h1,Xul,U0,h,Xu,m,n);
intpl(U1,h1,Xw1,U0,h,Xw,m,n);
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intpl(U1,h1,Zul,U0,h,Zu,m,n);
intpl(U1,h1,Zw1,U0,h,Zw,m,n);
intpl(U1,h1,Mul,U0,h,Mu,m,n);
intpl(U1,h1,Mw1,U0,h, Mw,m,n);
intpl(U1,h1,Mwdot1,U0,h, Mwdot,m,n);
intpl(U1,h1,Mq1,U0,h,Mq,m,n);
intpl(U1,h1,Xdeltaec1,U0,h,Xdeltae,m,n);
intpl(U1,h1,Zdeltae1,U0,h,Zdeltae,m,n);
intpl(U1,h1,Mdeltac1,U0,h,Mdeltae,m,n);
intpl(U1,h1,Ybetal,U0,h,Ybeta,m,n);
intpl(ULh1,Yp1,U0,h,Yp,m,n);
intpl(U1,h1,Nbetal,U0,h,Nbeta,m,n);
intpl(UL,h1,Np1,U0,h,Np,m,n);
intpl(U1, h1,Nr1,U0,h,Nr,m,n);
intpl(UL,h1,Lbetal,U0,h,Lbeta,m,n);
intpl(U1,h1,Lp1,U0,h,Lp,m,n);
intpl(UL,h1,Lr1,U0,h,Lr,m,n);
intpl(U1,h1,Ydeltar1,U0,h,Ydeltar,m,n);
intpl(U1,h1,Ndeltaal,U0,h,Ndeltaa,m,n);
intpl(U1,h1,Ndeltar1,U0,h,Ndeltar,m,n);
intpl(U1,h1,Ldeltaal,U0,h,Ldeltaa,m,n);
intpl(U1,h1,Ldeltar1,U0,h,Ldeltar,m,n);

intpl(UL,hl,alpha_trim1,U0,h,alpha_trim,m,n);

/* Elements of A and B matrices */
A[0][0] = *Xu;

A[0][1] = *Xw;

A[0][3]=-(*g);

A[1][0] = *Zu;

A[1][1] = *Zw;

A[l][2] = *U0;

A[2][0] = (*Mu) + (*Mwdot)*(*Zu);
A[2][1] = (*Mw) + (*Mwdot)*(*Zw);
A[2][2] = (*Mq) + *Mwdot*(*U0);,
A[3][2] = 1.0;

A[4][4]= (*Ybeta)/(*U0);

A[4][5]= (*Yp)/(*UO0);

Al4][6]= -(1-(*Y1)/(*U0));

A[4][7] = (*g)*cos(*alpha_trim)/(*U0);
A[5][4] = *Lbeta;
A[5][5] = *Lp;
A[5][6] = *Lr;
A[6][4] = *Nbeta;
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A[6][5] = *Np;

A[6][6] = *Nr;

A[7][5] = 1.0;

B[0][0] = *Xdeltae;
B[1][0] = *Zdeltae;

B[2][0] = (*Mdeltae) + (*Mwdot)*(*Zdeltae);
B[4][3] = (*Ydeltar)/(*U0);
B[5][2] = *Ldeltaa;

B[5][3] = *Ldeltar;

B[6][2] = *Ndeltaa;
B[6][3] = *Ndeltar;

/* Matrix Multiply: dx = Ax + Bu */
for(i=0;1<8;1++)

{

66

dx[1]=A[][OT*X[O]+A[L][11*x[1FAI[2]*x[2]HA[L][3]*x[3]+A[1][4]*x[4]+A[1][S]*x[ 5]+

Af][6]*x[6]+A[[7]*x[7]+B[i][0]*U(0)+BLI[1]*U(1)+B[i][2]*U(2)+B[i][3]*U(3);

b
/* Increment the altitude and speed */
*h = *h+U(5);
*U0 =*U0+ U(6);
}

/* Function: mdlTerminate

* Abstract:

*  No termination needed, but we are required to have this routine.
*/

static void mdlTerminate(SimStruct *S)

{
UNUSED_ARG(S); /* unused input argument */

}

#ifdef MATLAB MEX FILE /* Is this file being compiled as a MEX-file? */
#include "simulink.c"  /* MEX-file interface mechanism */

#else

#include "cg_sfun.h"  /* Code generation registration function */

#endif



APPENDIX B

FIGURES, DIAGRAMS, AND PLOTS
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Change in Aircraft Speed vs. Time
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Figure 12: Aircraft Speed Response to a 1 Degree Step Input in Elevator
Angle at an Initial Speed of 400ft/sec. and Initial
Altitude of 1000ft.
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Change in Aircraft Angle of Attack vs. Time

Fixed A and B Matrices

Bop ‘yoeny Jo o|buy yeloliy ul abueyn

100

80

70

40

30

Time, sec

Figure 13: Aircraft of Attack Response to a 1 Degree Step Input in Elevator

Angle at an Initial Speed of 400ft/sec. and

Initial Altitude of 1000ft.
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Change in Aircraft Pitch Angle vs. Time

Fixed A and B Matrices
— - Changing A and B Matrices
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Figure 15: Aircraft Pitch Angle to a 1 Degree Step Input in Elevator Angle
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Change in Aircraft Speed vs. Time

Initial Altitude 1000ft
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Figure 16: Aircraft Speed Response to a 1 Degree Step Input in Elevator Angle at an

Initial Speed of 400 ft/sec. and Initial Altitude of

1000 and 10000 ft. Respectively
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Change in Aircraft Angle of Attack vs. Time
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Figure 17: Aircraft Angle of Attack Response to a 1 Degree Step Input in Elevator Angle

at an Initial Speed of 400 ft/sec. and Initial Altitude of

1000 and 10000 ft. Respectively
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Change in Aircraft Pitch Rate vs. Time
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Figure 18: Aircraft Pitch Rate Response to a 1 Degree Step Input in Elevator Angle

at an Initial Speed of 400 ft/sec. and Initial Altitude of

1000 and 10000 ft. Respectively
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Change in Aircraft Pitch Angle vs. Time
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Figure 19: Aircraft Pitch Angle Response to a 1 Degree Step Input in Elevator

Angle at an Initial Speed of 400 ft/sec. and Initial

Altitude of 1000 and 10000 ft. Respectively
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Figure 20: Aircraft Speed Response to a 1 Degree Step Input in Elevator Angle
at an Initial Altitude of 1000 ft. and Initial Speed
of 400 ft/sec. and 500 ft/sec. Respectively
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Change in Aircraft Angle of Attack vs. Time
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Figure 21: Aircraft Angle of Attack Response to a 1 Degree Step Input in Elevator Angle

at an Initial Altitude of 1000 ft. and Initial Speed of

400 ft/sec. and 500 ft/sec. Respectively
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Change in Aircraft Pitch Rate vs. Time
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Figure 22: Aircraft Pitch Rate Response to a 1 Degree Step Input in Elevator

Angle at an Initial Altitude of 1000 ft. and Initial Speed

of 400 ft/sec. and 500 ft/sec. Respectively
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Change in Aircraft Pitch Angle vs. Time
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Figure 23: Aircraft Pitch Angle Response to a 1 Degree Step Input in Elevator Angle

at an Initial Altitude of 1000 ft. and Initial Speed
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Aircraft Sideslip Angle vs. Time
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Figure 24: Aircraft Sideslip Angle Response to a 1 Degree Step Input in the Aileron

Angle at an Initial Speed of 400 ft/sec. and Initial Altitude

of 1000 ft. and 10000 ft. respectively.
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Aircraft Yaw Rate vs. Time

—— Initial Altitude 1000 ft
Initial Altitude 10000 ft

0.6

08s/Bap ‘a1ey MEA 1eIoNY

Time, sec

Figure 25: Aircraft Yaw Rate Response to a 1 Degree Step Input in the Aileron Angle at

an Initial Speed of 400 ft/sec. and Initial Altitude

of 1000 ft. and 10000 ft. respectively.
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Aircraft Sideslip Angle vs. Time
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Figure 26: Aircraft Sideslip Angle Response to a 1 Degree Step Input in the Rudder

Angle at an Initial Speed of 400 ft/sec. and Initial Altitude

of 1000 ft. and 10000 ft. respectively.
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Aircraft Yaw Rate vs. Time
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Figure 27: Aircraft Yaw Rate Response to a 1 Degree Step Input in the Rudder Angle at

an Initial Speed of 400 ft/sec. and Initial Altitude

of 1000 ft. and 10000 ft. respectively.
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Aircraft Sideslip Angle vs. Time
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Figure 28: Aircraft Sideslip Angle Response to a 1 Degree Step Input in the Aileron

Angle at an Initial Altitude of 1000 ft. and Initial Speed

of 400 ft/sec. and 500 ft/sec. respectively
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Aircraft Yaw Rate vs. Time

—— Initial Speed 400 ft/sec.
Initial Speed 500 ft/sec.
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Figure 29: Aircraft Yaw Rate Response to a 1 Degree Step Input in the Aileron Angle at

an Initial Altitude of 1000 ft. and Initial Speed

of 400 ft/sec. and 500 ft/sec. respectively
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Aircraft Sideslip Angle vs. Time

—— Initial Speed 400 ft/sec.
Initial Speed 500 ft/sec
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Figure 30: Aircraft Sideslip Angle Response to a 1 Degree Step Input in the Rudder

Angle at an Initial Altitude of 1000 ft. and Initial Speed

of 400 ft/sec. and 500 ft/sec. respectively
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A GUIDE TO BUILDING THE PIECEWISE SIMULATION MODEL

Write a MATLAB script [Ref. 1] for the geometric and aerodynamic
characteristics of the aircraft in question. Give a name, for example, ‘data.m’ to
the script.

Write MATLAB functions [Ref. 1] for calculating flap effectiveness parameter
and other empirical factors [Ref. 5].

Write another MATLAB script to calculate stability derivatives and coefficients
using the geometric and aerodynamic characteristics. In order to use the geometric
and aerodynamic characteristics, simply type the script name in the beginning of
the new script. Give a name, for example, ‘AB_Matrix.m’ to the new script. In the
same fashion, use the functions. Input and output parameters must be provide by
the users while using the functions [Ref. 1]. The equations for calculating stability
derivatives and coefficients can be taken from references 5, 6 or 13. Use these
derivatives to find A and B matrices. C matrix is usually taken as the identity
matrix of the size of the A matrix unless otherwise specified and D matrix is taken
as the null matrix unless otherwise specified. The size of the D matrix depends on
the size of B and C matrices [Ref. 4].

Write an interpolating ‘C’ function that gives the values of the stability
derivatives at a particular speed and altitude. The input parameters for the
function should be the matrix of derivative, speed and altitude vectors, and

required speed and altitude.
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Write a C-MEX S-Function that works as built-in state-space block [Ref. 2, 7].
Use the interpolating ‘C’ code in the S-Function so that the S-Function can do the
required interpolation. Give a name, for example, ‘sfun stspace.c’ to the S-
Function. Compile the S-Function using ‘mex’ command in the MATLAB
command line.
Build a SIMULINK model. The model should contain four step input blocks for
elevator, throttle, aileron, and rudder deflection angles, one S-Function block, and
one scope block. Create sub-systems [Ref. 2] as necessary. The stability
derivatives that constitute the A and B matrices should be entered in the S-
Function block’s parameters field.
Design a GUI [Ref. 17]. Building a GUI is optional. The simulation can be run
without GUI. It makes the program user friendly and provides more flexibility.
GUI should contain the buttons to open and run the data files and SIMULINK
model. Users should be given the option to either use a data file that contains
aircraft geometric and aerodynamic characteristics or enter their own data. This
will allow the users to run the simulation for any aircraft.
For the simulation of longitudinal motion, enter either of the elevator or the
throttle deflection angle and run the simulation. Similarly, for the simulation of
lateral-directional motion, enter either of the aileron or rudder deflection angles or
the both. The initial speed and altitude should be entered using S-Function’s mask

facility [Ref. 2]. Observe the simulation in scope plots or animation picture.
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The MATLAB functions and ‘C’ codes that are used in the present thesis have been

included in Appendix A.
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STABILITY DERIVATIVES

Derivatives and coefficients due to the change in forward speed., u

e The X force derivative and coefficient:

Change in X-force with change in forward speed, X, =

Cxu = _(CDM +2'CD0)+CTM .

oC oC
CDu :—D,and CTu: r

o) e

e The Z-force derivative and coefficient:

Change in Z-force with change in forward speed, Z, =

—M?

0 _CLo

Z

e The pitching moment derivative and coefficient:

Change in pitching moment with change

0-S-¢

M,=C, - , Where
c -9Cm
“o oM

Derivatives and coefficients due to change in angle of attack, a

e The X-force derivative and coefficient:

95

C. -0-S

x”—,where
WI'UO

“u , where
m-UO

forward speed,



Change in X-force with change in angle of attack, X, =C, -g,
¢ m
where
2-C;. -C
c. =C; _Z T e
a O  7z-e-AR

e The Z-force derivative and coefficient:

Change in Z-force with change in angle of attack, Z, =U,, - Z,,, where

C., =—(C +Cp,)

e The pitching moment derivative and coefficient:

Change in pitching moment with change in angle of attack,

M,=C,,- Q'IS'C , where

y

Xcg X de
Cine :CLaw [ c _%]+Cmafus ~nVu .CLat ‘(I_Ej

Derivatives and coefficients due to the time rate of change of the angle of attack, ¢

e The Z-force derivative and coefficient:
Change in Z-force with time rate of change of angle of attack,

Zd =U0 ‘Zw,Where

Z,=C, - c_. 95 and
a 2U0 UO-m
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de
C.o =21 'CLat Vi da

e The pitching moment derivative and coefficient:

Change in pitching moment with rate of change of angle of attack,

Md =U0 ‘Mw,Where

¢ 0-S-¢
M, =C, .- : d
w mg [2'Uoj [UO'Iy] an

Derivatives and coefficients due to the Pitching Velocity, g

e The Z-force derivative and coefficient:

Change in Z-force with change in pitch rate, Z, =C. ¢ (;] @, where
. O m

Cog =2 Crp Vi

e The pitching moment derivative and coefficient:

pitching moment with change in pitch rate,

Change in
M,=Cm, - ¢ -Q'S'c,where
2:Uy I,
i
Cmq :_2'77h'CLat Vg =
c

Derivatives and coefficients due to the change in sideslip angle. 8

e The Y-force derivative and coefficient:



0-S-C

Change in Y-force with change in sideslip angle, Yz =

'CL . 1+d_6
ay dp

The yawing moment derivative and coefficient:

S
-, Fv

Cy/;

Change in yawing moment with change in

0-Sb-C
N/; :—nﬁ,where
1

V4

do
Cnﬂ :Cnﬂwf +n, 'VV ‘CL(ZV (14'%}

e The rolling moment derivative and coefficient:

Change in rolling moment with change in

:Q-S-b-Czﬂ

Lg , where

Iy

Clﬂ
Clﬂ = T F+AClﬂ

Derivatives and coefficients due to the roll rate, p

e The Y-force derivative and coefficient:

0-5b-C,
Change in Y-force with change in roll rate, ¥, =
2-m- Uo

AR +cos(A) ¢
AR +4cos(A)

C

yp= an(A)

Ly

v

e The yawing moment derivative and coefficient:

m

sideslip

sideslip

98

y
s , where

angle,

angle,

P where
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2
. . : : Q-§5-b7-Cy
Change in yawing moment with change in roll rate, N, -—— P
2-1y U,
where
Cr
Ny
e The rolling moment derivative and coefficient:
0-5-b*.C
Change in rolling moment with change in roll rate, L, =7
2-1,-U,
where
~Cr, 1432
Cl = :
4 12 1+4
Derivatives and coefficients due to the yawing rate, r
e The Y-force derivative and coefficient:
. : : Q-§:-b-Cy
Change in Y-force with change in yaw rate, ¥, =—— = | where
2-m-U,
c, =2 b C
Yro b yﬁtail
e The yawing moment derivative and coefficient:
2
. . . . Q-§-b°-Cp,
Change in yawing moment with change in yaw rate, N, =————,
2-1y U,

where

[
C,. =217V, (_Vj Cp,
Vv v
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e The rolling moment derivative and coefficient:

0-5-b*.Cy,

Change in rolling moment with change in yaw rate, L, =
2-1y U,

2

where

CONTROL DERIVATIVES

Derivatives and coefficients due to the deflection of the elevator, d.

e The Z-force derivative and coefficient:

Q5

m

Change in Z-force due to elevator deflection, Z s, = C,s - , where
e

S dcy
C..=—"L.p, . 4
z5, T ds

e

e The pitching moment derivative and coefficient:

Change in pitching moment due to elevator deflection, M5 =C,,, -Q‘IS'C ,
‘ y
where
. , 4y,
ms, = h " VH Js

e

Derivatives and coefficients due to the deflection of aileron, J,

e The yawing moment derivative and coefficient:
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0-S-b-C, s
Change in yawing moment due to aileron deflection, Ns = I—“,
z
where
C"5a =2-K-Cp, ~C,5a
e The rolling moment derivative and coefficient:
Q-S-b-C
Change in rolling moment due to aileron deflection, Ls = I—“,
X
where
2:Cp 7y m
T IS W L
Derivatives and coefficients due to the deflection of rudder, J,
e The Y-force derivative and coefficient:
0-§-C, s
Change in Y-force due to rudder deflection, Y5 = L where
g m

S
Cy§r = ?V.TV 'CLaV

e The yawing moment derivative and coefficient:
Change in yawing moment due to rudder deflection,

0-S-b-Cpy
Ng, =———+

z

, where C”5r =-V,-n,-r,-Cp

ay

e The rolling moment derivative and coefficient:
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Q-§-b-Cp
Change in rolling moment due to rudder deflection, L5 = ]—’,
X

where



